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SUMMARY 
New methods of aircraft repair are necessary since airframe makers commenced the 
design and manufacture of composite wide body aircrafts for airlines. This 
unprecedented change has accelerated the development of composite repair 
technology in aviation maintenance, repair and overhaul (MRO) industry. In 
composite repairs, wet-layup reinforcement is a common repair patch used in field 
and workshop repairs. To further optimise the composite repair, this research is aimed 
at developing a better understanding of the behaviour of aircraft composite wet-layup 
bonded repair.  
 
In the MRO industry, adhesive lap joint shear strength analysis is widely performed 
for assessing actual bonded repair strength. However, the static two-dimensional 
adhesive lap joint shear strength analysis does not take into account the stress 
concentration in the actual bonded repair. Therefore, a full three-dimensional analysis 
of patch repair was investigated in the research to simulate the actual bonded repair. 
In the research, the effects of stacking sequences, repair patch stiffness and the 
performance of wet-layup patch repair were investigated. 
 
The scope of this study is divided into two major parts: experimental testing and finite 
element analysis (FEA). In the experimental testing, composite prepreg & wet-layup 
testing, and composite wet-layup bonded patch repair testing were conducted for 
different ply orientations and stacking sequences respectively. A series of coupon 
tests was performed to obtain the composite material properties for use in the finite 
element simulations. The results of the actual bonded repair tests were used to 
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validate the finite element simulation for composite wet-layup bonded patch repair 
testing.  
 
In the finite element analysis, a commercial finite element (FE) code (MSC.MD 
Nastran/ Patran) was used to perform composite nonlinear implicit analysis. Two 
analysis tools were used in the simulation, namely, composite progressive failure 
analysis (PFA) and cohesive zone modelling (CZM). In the PFA, material properties 
degradation method was employed for the damage evolution whereas an exponential 
traction-separation model was selected in the CZM for the adhesive bonding 
simulation. A benchmark FE model of composite wet-layup bonded patch repair was 
established by comparing the results of experiment and numerical analysis for the 
composite lay-up orientation of (45)2. The benchmark FE model was later used to 
predict the behaviour and performance of composite wet-layup patch repair for other 
ply orientations and stacking sequences which are (0)2, (0)4, (45)4, [(0)(45)2(0)] and 
[(45)(0)2(45)]. 
 
The prediction for the ultimate strength of wet-layup patch repair agrees reasonably 
well with the experimental results. Additionally, it is found that the wet-layup patch 
repair can restore up to 96% of the original strength. The use of ultimate strength 
obtained in PFA is recommended for ultimate load condition analysis. The parametric 
studies also indicated that 0
o
 ply should be used when adding extra plies in 
constructing repair patch and the repair patch stiffness ratio should be ranged from 1.0 
to 1.5.  
  
 A Study of Composite Wet-Layup Bonded Repair Behaviour for Aircraft                           viii 
LIST OF TABLES 
Table 4.1 Summary of Composite Materials ......................................................... 23 
Table 4.2 Coupon Tests ......................................................................................... 25 
Table 4.3 Repaired Panel Tests .............................................................................. 25 
Table 4.4 Prepreg coupon specimen dimensions ................................................... 48 
Table 4.5 Wet-layup coupon specimen dimensions............................................... 48 
Table 4.6 Prepreg tensile properties ....................................................................... 48 
Table 4.7 Prepreg shear properties ......................................................................... 48 
Table 4.8 Wet-layup tensile properties .................................................................. 49 
Table 4.9 Wet-layup shear properties .................................................................... 49 
Table 4.10 The summary of composite material properties ..................................... 49 
Table 4.11 The summary of test failure load ........................................................... 54 
Table 5.1 Orthotropic Properties ............................................................................ 63 
Table 5.2 Failure Properties ................................................................................... 64 
Table 5.3 Adhesive Properties ............................................................................... 66 
Table 5.4 Failure output for Element #184 ............................................................ 79 
Table 5.5 Failure output for Element #270 ............................................................ 79 
Table 6.1 Experimental and FEM ultimate loads .................................................. 86 
Table 6.2 Stress concentration factors in (45)4 repaired panel .............................. 90 
Table 6.3 Stress concentration factors in (0)4 repaired panel ................................ 90 
Table 6.4 Stress concentration factors in [(0) (45)]s repaired panel ...................... 91 
Table 6.5 Stress concentration factors in [(45) (0)]s repaired panel ...................... 91 
Table 6.6 Adhesive transverse shear stresses in outer region ................................ 93 
Table 6.7 Adhesive transverse shear stresses in inner region ................................ 93 
Table A.1 Test fixture material properties ............................................................ 107 
Table A.2 Test fixture material properties ............................................................ 112 
  
 A Study of Composite Wet-Layup Bonded Repair Behaviour for Aircraft                           ix 
LIST OF FIGURES 
Figure 1.1 Composite laminate repair methods ........................................................ 3 
Figure 1.2 Adhesively bonded repairs ....................................................................... 4 
Figure 2.1 Spring elements adhesive bonded joint ................................................... 9 
Figure 3.1 Typical progressive failure analysis process ......................................... 13 
Figure 3.2 Multi-scale progressive failure modelling  ............................................ 16 
Figure 3.3 Material property degradation types  ..................................................... 17 
Figure 3.4 Exponential model  ................................................................................ 19 
Figure 4.1 Building block testing approach  ........................................................... 21 
Figure 4.2 The geometry of repaired panel ............................................................. 26 
Figure 4.3 High strength steel test jigs .................................................................... 27 
Figure 4.4 Aluminium metal tabs ............................................................................ 27 
Figure 4.5 NAS bolts ............................................................................................... 28 
Figure 4.6 Prepreg laminate layup .......................................................................... 29 
Figure 4.7 Vacuum bagging (Courtesy of Hexcel Corp.) ....................................... 30 
Figure 4.8 Prepreg curing cycle .............................................................................. 30 
Figure 4.9 Wet-layup fabrication ............................................................................ 32 
Figure 4.10 Wet-layup bagging ............................................................................. 32 
Figure 4.11 Damaged fibres .................................................................................. 34 
Figure 4.12 Hole drilling setup .............................................................................. 34 
Figure 4.13 Poor bonding ...................................................................................... 35 
Figure 4.14 Power sander ...................................................................................... 36 
Figure 4.15 Bonding surface after sanding ............................................................ 37 
Figure 4.16 Chopped fibre ..................................................................................... 38 
Figure 4.17 Plies orientation layup ........................................................................ 38 
Figure 4.18 Bonded repair patch ........................................................................... 39 
Figure 4.19 Holes drilling ...................................................................................... 40 
Figure 4.20 Metal tabs bonding preparation .......................................................... 42 
Figure 4.21 Strain gage .......................................................................................... 43 
Figure 4.22 Repaired panel testing setup preparation ........................................... 44 
Figure 4.23 Repaired panel testing setup ............................................................... 44 
Figure 4.24 (0)3 and (45)3 Prepreg coupon failure modes ..................................... 45 
Figure 4.25 (0)3 and (45)3 Wet-layup coupon failure modes ................................. 45 
 A Study of Composite Wet-Layup Bonded Repair Behaviour for Aircraft                           x 
Figure 4.26 Fibre scissoring effect ........................................................................ 46 
Figure 4.27 Prepreg coupon tensile tests ............................................................... 49 
Figure 4.28 Prepreg coupon shear tests ................................................................. 50 
Figure 4.29 Wet-layup tensile tests ....................................................................... 50 
Figure 4.30 Wet-layup coupon shear tests ............................................................. 51 
Figure 4.31 Successful wet-layup repaired testing ................................................ 53 
Figure 4.32 Unsuccessful wet-layup repaired testing ............................................ 53 
Figure 4.33 Adhesive failure of (45)2 panels ......................................................... 55 
Figure 5.1 Composite bonded repair model ............................................................ 56 
Figure 5.2 Quarter bonded repair model ................................................................. 57 
Figure 5.3 Section view of four plies quarter FE model ......................................... 58 
Figure 5.4 Defining cohesive elements (CIFHEX) ................................................. 60 
Figure 5.5 Nastran enforced displacement card ...................................................... 60 
Figure 5.6 Symmetrical boundary constraints ......................................................... 61 
Figure 5.7 Enforced displacement and boundary constraints.................................. 62 
Figure 5.8 Layered composite layup definition (Courtesy of MSC.Software) ....... 63 
Figure 5.9 Cohesive material and property format and bulk entries ....................... 64 
Figure 5.10 Editing MATF card ............................................................................ 67 
Figure 5.11 NLSTEP entry  ................................................................................... 70 
Figure 5.12 Comparison of number of load increments ........................................ 71 
Figure 5.13 Comparison of degradation percentages ............................................ 72 
Figure 5.14 Repaired panel stress VS deformation plots ...................................... 74 
Figure 5.15 Quarter FE model load versus displacement ...................................... 75 
Figure 5.16 Repaired panel failure indices ............................................................ 78 
Figure 5.17 Total damages for damaged panel and repair patch ........................... 82 
Figure 5.18 Damaged panel failure modes ............................................................ 83 
Figure 5.19 Damage value calculation  ................................................................. 84 
Figure 5.20 Cohesive elements damage propagation ............................................ 84 
Figure 6.1 Comparison between experimental and FEM results ............................ 86 
Figure 6.2 Repaired panel progressive failure load ................................................. 87 
Figure 6.3 Stress concentration regions .................................................................. 89 
Figure 6.4 Adhesive in overlap area ........................................................................ 92 
Figure A.1 Test fixture assembly ........................................................................... 104 
Figure A.2 Lug & grips .......................................................................................... 107 
 A Study of Composite Wet-Layup Bonded Repair Behaviour for Aircraft                           xi 
Figure A.3 Lug & clevis geometry ........................................................................ 108 
Figure A.4 Minimum fastener spacing and edge distance  .................................... 113 
Figure B.1 Technical drawing for adapter ............................................................. 116 
Figure B.2 Technical drawing for grip................................................................... 117 
Figure B.3 Technical drawing for metal tab (6.1 mm) .......................................... 118 
Figure B.4 Technical drawing for metal tab (5.7 mm) .......................................... 119 
Figure B.5 Technical drawing for test panel assembly (two plies) ........................ 120 
Figure B.6 Technical drawing for test panel assembly (four plies) ....................... 121 
Figure C.1 Stress concentration at inner edge of prepreg damaged panel for (45)4  
layup ..................................................................................................... 122 
Figure C.2 Stress concentration at outer edge of prepreg damaged panel for (45)4 
layup ..................................................................................................... 122 
Figure C.3 Stress concentration at outer edge of repair patch for (45)4 layup ....... 123 
Figure C.4 Von Mises stress of prepreg damaged panel for (45)4 layup ............... 123 
Figure C.5 Stress concentration at inner edge of prepreg damaged panel for (0)4 
layup ..................................................................................................... 124 
Figure C.6 Stress concentration at outer edge of prepreg damaged panel for (0)4 
layup ..................................................................................................... 124 
Figure C.7 Stress concentration at outer edge of repair patch for (0)4 layup ......... 125 
Figure C.8 Von Mises stress of prepreg damaged panel for (0)4 layup ................. 125 
Figure C.9 Stress concentration at inner edge of prepreg damaged panel for 
[(45),(0)]s layup .................................................................................... 126 
Figure C.10 Stress concentration at outer edge of prepreg damaged panel for 
[(45),(0)]s layup .................................................................................... 126 
Figure C.11 Stress concentration at outer edge of repair patch for [(45),(0)]s layup . 
  .......................................................................................................... 127 
Figure C.12 Von Mises stress of prepreg damaged panel for [(45),(0)]s layup ... 127 
Figure C.13 Stress concentration at inner edge of prepreg damaged panel for 
[(0),(45)]s layup .................................................................................. 128 
Figure C.14 Stress concentration at outer edge of prepreg damaged panel for 
[(0),(45)]s layup .................................................................................. 128 
Figure C.15 Stress concentration at outer edge of repair patch for [(0),(45)]s layup . 
  .......................................................................................................... 129 
Figure C.16 Von Mises stress of prepreg damaged panel for [(0),(45)]s layup ... 129  
 A Study of Composite Wet-Layup Bonded Repair Behaviour for Aircraft                           xii 
LIST OF SYMBOLS 
      Change of train energy release rate 
           Change of normal and tangential separation 
o 
C    Degree Celsius 
o 
F    Degree Fahrenheit 
d    Fastener diameter  
E    Young’s modulus 
G    Shear moduli 
V    Poisson’s ratios 
F    Membrane forces per unit length 
M     Bending moments per unit length 
εo    Mid-plane strains 
k
o
     Mid-plane curvatures 
D    Lug hole diameter 
Dpin    Pin diameter 
W    Width of the lug 
A    Distance from the center of lug to the edge of lug 
t    Lug thickness 
Abr    Projected bearing area 
Apin    Pin area 
At    Minimum net section for tension 
kbr    Shear-bearing efficiency factor 
kt    Net tension efficiency factor 
C    Yield factor 
Fty    Tensile yield stress of lug material 
 A Study of Composite Wet-Layup Bonded Repair Behaviour for Aircraft                           xiii 
Ftu    Tensile ultimate stress of lug material 
Pbru    Shear-bearing failure load 
Ptu    Tensile failure load 
Pu,min    The smaller of Pbru or Ptu 
h    Bending distance 
M    Pin bending moment 
fb    Pin bending moment stress 
r    Pin radii 
I    Moment of inertia 
Psu,pin    Pin shear ultimate strength 
σ    Ply stress 
XY    Shear strength in the 12-direction 
YZ     Shear strength in the 23-direction 
ZX    Shear strength in the 31-direction 
ro    Initial stiffness reduction factor 
∆X, ∆Y, ∆Z   Finite element translational direction 
θX, θY, θZ   Finite element rotational direction 
tn    Effective traction 
te    Maximum effective traction 
vn    Effective opening displacement 
vc    Critical effective opening displacement 
ve    Maximum effective opening displacement 
Gelastic    Elastic energy release rate 
Gc    Critical energy release rate 
  
 A Study of Composite Wet-Layup Bonded Repair Behaviour for Aircraft                           xiv 
SUBSCRIPTS 
11, 22, 12   Lamina axes for longitudinal and shear directions  
x, y, xy    Laminate axes for longitudinal and shear directions 
t    Tensile for material strength 
c    Compression for material strength 
n    Normal direction in cohesive zone modeling 
s    Shear direction in cohesive zone modelling 






A Study of Composite Wet-Layup Bonded Repair Behaviour for Aircraft                           1 
CHAPTER 1: INTRODUCTION 
 
1.1. Background 
1.1.1. Overview  
With the increasing use of composite materials in wide body aircrafts such as Boeing 
B787 and Airbus A350 XWB, the development of composite repair in the industry 
has accelerated. According to a forecast produced by Connectra Global KB, the global 
aircraft fleet is estimated to grow between 3 - 4% annually for next decade [1]. In the 
forecast, the high composite usage in a wide-body aircraft will contribute 
approximately 23% to the whole market. The percentage of composite used in the 
latest aircrafts of B787 and A350 XWB has also reached 50% of the structural weight. 
In an effort to remain competitive, aircraft original equipment manufacturers (OEM) 
design the aircraft for durability and maintainability to reduce the direct operating cost 
for aircraft operators. Hence, composite aircraft fleets need technically competent 
support teams to perform effective composite maintenance, repair and overhaul 
(MRO).  
 
1.1.2. Composite Repair Operation 
In the aircraft repair industry, both OEM and MRO companies can perform composite 
repairs. In OEM, Material Review Board (MRB) is formed to review the parts 
manufactured in the production. MRB will review the defects or discrepancy of the 
parts by determining disposition (corrective action) and performing substantiation as 
well as conducting laboratory testing. The MRB personnel will then determine if the 
discrepant parts should be used as is, reworked or scrapped. In MRO companies, the
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procedure of repair operation is similar to OEMs. However, owing to lack of access to 
other OEM proprietary information, MRO personnel have to rely on the Structural 
Repair Manual (SRM) or Component Maintenance Manual (CMM) provided by OEM 
for repair instructions. Alternately, MRO companies may purchase information from 
OEM for repair such as part drawings, stress reports, etc. 
 
The OEM has defined the necessary repair actions according to the level of various 
repairs in the SRM. There are five repair options: either no-repair, a cosmetic, 
temporary repair, structural/ permanent repair or replacement. If the damage is found 
within the damage allowable as stated in the SRM and the damage has no impact on 
the structural integrity, the part is permitted to return to service without repair. If the 
damage, such as dent or scratch, has not affected the structural integrity, cosmetic 
repair is carried out to decorate the surface by applying non-structural filler or 
smoothing the damage surface. This type of repair usually does not regain any 
strength compared to temporary repair. Some damages do not threaten the structural 
integrity of the component as a whole but it may lead to damage propagation under 
fatigue loading. This type of damages requires temporary repair to perform a simple 
patch repair to protect the component. However, if the damage threatens the structure, 
a permanent repair is required by applying a repair patch to the damaged structure. In 
cases where repairing the damaged part is not economical or feasible, the damaged 
part must be replaced.  
 
1.1.3. Composite Repair Classification 
There are two main composite repair categories in the industry, bolted repair and 
bonded repair. Composite bonded repairs include laminate repair, honeycomb repair 
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or injection repair. Generally, the composite bonded repair is preferred over the bolted 
repair for the reason of low stress concentration and more uniform stress distribution. 
However, the preparations for composite bonded repair are more tedious. Sometimes, 
resin is injected into the damaged area if there are delaminations and disbonds. 
Several composite patch repairs are illustrated in Figure 1.1. 
 
(a) Laminate Patch Repair
(b) Laminate Scarf Repair
(c) Laminate Step Sanded Repair
(f) Sandwich Patch Repair
(e) Sandwich Scarf Repair
(f) Sandwich Step Sanded Repair
 
Figure 1.1 Composite laminate repair methods [2] 
 
According to Hexcel Corporation, a leading supplier of advanced composite, types of 
composite bonded repair include patch, scarf and stepped repairs [2]. Patch repair is 
the simplest repair process among these methods but it is not suitable if a part has 
aerodynamics requirement. Moreover, the patch repair may suffer high stress 
concentration factor than other methods. Scarf and step sanded repairs are very 
similar to each other. Both methods require scarfing or step cutting on the damaged 
area for providing a good bonding surface to minimise stress concentrations. However, 
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it is very challenging to perform scarf or step sanded repairs as the process of sanding 
is difficult to control and skilled technicians are required for the process. 
 
1.2 Research Motivation 
 
 
(a) Joint repair 
 
 
(b) Patch repair 
 
Figure 1.2 Adhesively bonded repairs 
 
Joint repair (Figure 1.2 (a)) is commonly used in the study or industry for adhesively 
bonded repair analysis. However, there are some researchers using patch repair 
(Figure 1.2 (b)) in the study. The difference between joint repair and patch repair is 
therefore discussed and clarified in this section.  
 
Joint repair is a lap shear joint which connects two parts, also called as adherents, 
with a layer of adhesive. The load is fully transferred from one to another adherent in 
the joint repair. In fact, an actual bonded repair does not transfer entire load but it only 
reinforces the damaged part. In the actual bonded repair, external patches will be 
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bonded on damaged area to strengthen the defected part. Therefore, patch repair is 
more suitable than joint repair for simulating an actual bonded repair. However, it 
should be noted that the repair patch only transfers certain amount of applied load. 
The remaining applied load will bypass the repair patch and create stress 
concentration around the cutout but the joint repair does not take into account the 
stress concentration because bypass load is not included. Therefore, patch repair 
(Figure 1.2 (b)) was employed for assessing the ultimate strength of adhesively 
bonded repair in the research. 
 
1.3 Research Objective 
This research is aimed to develop a better understanding of the behaviour of aircraft 
composite wet-layup bonded repair and improve its strength and performance. In the 
MRO industry, most of the composite bonded repair works are substantiated by 
adhesively bonded lap joint analysis. However, this static strength analysis does not 
embrace the assumptions of stress concentration and bypass load in the bonded repair 
assessment. With the purpose to consider the stress concentration of the composite 
bonded patch repair, a full three-dimensional analysis of patch repair in place of 
simple joint analysis is selected for the experimental testing and finite element 
simulation. Furthermore, the effects of stacking sequences, repair patch stiffness and 
the performance of wet-layup patch repair will be investigated in this research. 
 
1.4 Research Scope 
This research consists of experimental testing and finite element simulation of the 
effect of stacking sequence and repair patch stiffness on patch repair under uniaxial 
tensile loading. The experimental testing includes composite material coupon tests 
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and composite wet-layup bonded patch repair testing. The composite materials used in 
the research are carbon fabric/ epoxy prepreg and carbon fabric/ epoxy wet-layup. 
These materials are using autoclave and oven vacuum-bag processes respectively. The 
experimental work includes fabricating a set of test jigs for the composite wet-layup 
bonded patch repair testing. 
 
In the finite element analysis, a commercial finite element (FE) code of MSC.MD 
Nastran/ Patran was used to perform composite nonlinear implicit analysis. Two 
analysis tools were introduced in the simulation, namely, composite progressive 
failure analysis (PFA) and cohesive zone modelling (CZM). The wet-layup patch 
repair testing results were compared with numerical analysis result to establish a 
benchmark FE model. This benchmark FE model was then modified and employed to 
predict the behaviour and performance of composite wet-layup patch repair for 
different layups such as (0)2, (45)2, (0)4, (45)4, [(0)(45)2(0)] and [(45)(0)2(45)]. 
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CHAPTER 2: LITERATURE REVIEW 
 
2.1. Introduction 
This chapter outlines the history and recent development of adhesively bonded repair 
analysis. The modelling of adhesively bonded repair or joint can be achieved by 
closed-form analysis or numerical analysis. Most of the adhesive joint analyses are 
linear elastic in closed-form analysis because of their simplicity. However, as the 
degree of complexity in the adhesively bonded repair analysis increases, the modeling 
of the adhesively bonded repair analysis must be performed numerically for accurate 
and reliable results. The development and limitation of the adhesively bonded repair 
in closed-form and numerical analyses are presented in the following sections. 
 
2.2. Analytical Closed-Form Solutions 
Adhesive bonded repair has become a research topic since the last several decades. 
Generally, the study of adhesive bonded repair can be grouped into closed-form 
analysis (analytical method) and numerical methods (finite element, boundary 
element and finite difference methods).  Da Silva [3,4,5,6] conducted numerous 
literature reviews on the analytical models of single and double-lap joints. Da Silva 
[3] showed that both closed-form and numerical methods are commonly used in the 
bonded joints study. However, many of the adhesive models use linear elastic analysis 
because adhesive material nonlinearity makes the solution more complicated [5]. In 
1938, Volkersen introduced a shear lag approach for the adhesive bonded joint 
analysis. Adhesive was assumed linear elastic and deformable in shear only but peel 
stress, load eccentricity and bending effect were not taken into account. These
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shortcomings were later improved by Goland and Reissner in 1944. The effect of 
bending caused by eccentric load path was incorporated into the solution. 
Additionally, peel and shear stresses can also be calculated in the Goland and 
Reissner’s approach. However, the adhesive was still assumed linear elastic in the 
solution. In 1973, elastic-plastic behaviour was introduced into the closed-form 
solution by Hart-Smith [7,8]. However, Adams and Davies [9] found an error in 
Goland and Reissner’s initial formulation. In the literature survey conducted by Da 
Silva et al. [3], errors were found in the Goland & Reissner and Hart-Smith’s results 
because transverse shear and normal stresses were not considered.  
 
Although analytical closed-form solution is relatively simpler, Da Silva and Ochsner 
[6] commented that this approach is only suitable for preliminary joint design as no 
failure criteria was included into the analysis. Numerical methods are preferred as it is 
necessary to perform the analysis with failure criteria in order to assess the adhesive 
bonded joint strength. 
 
2.3. Numerical Solutions 
The finite element method (FEM) is most commonly used in studying the strength of 
bonded repair as it can simulate material nonlinearity and complex geometric shapes. 
The common approaches employed in modelling the strength of adhesively bonded 
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2.3.1. Modelling of Adhesive Bonds with Discrete Elements 
The adhesive in bonded repairs can be modelled with spring, shell or solid elements. 
In 1999, Tahmasebi [10] proposed a method of using spring elements to model the 
adhesive in bonded joint (Figure 2.1) for National Aeronautics and Space 
Administration, United States.  He placed three zero-length spring elements between 
coincident nodes. Two of these spring elements were given shear stiffness property 
and another spring element was assigned with peel stiffness property. Rigid elements 
were then used to connect the coincident nodes to the nodes of the plate elements. 
However, in the study of stress distribution in adhesive layer of the two-dimensional 
lap joint analysis, Dechwayukul et al. [11] indicated that although good agreement is 
obtained in the validation of the normal stress distribution in adhesive layer, poor 
agreement of shear stress appears at the end zone of adhesive joint. Therefore, more 
spring elements are required at the end of adhesive joint area to improve the shear 
stress distribution.  
 
 
Figure 2.1 Spring elements adhesive bonded joint [10] 
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Apart from the spring elements, shell and solid elements are customary employed in 
modelling the adhesive layer. For instance, Harman and Wang [12] modelled 
adhesive in elastic solid elements for optimising the strength of scarf joint. Sayman 
[13] performed elasto-plastic stress analysis for single-lap joint using ANSYS solid 
elements and found a good agreement between numerical and closed-form solutions. 
In the selection of element types for composite bonded repair, a comparative study 
was conducted by Odi and Friend [15]. They concluded that three-dimensional model 
constructed with solid elements, can offer more accurate results compared with two-
dimensional model constructed with shell elements. However, Da Silva and Campilho 
[14] argued that two-dimensional model is sufficient for obtaining accurate results in 
the recent study for adhesively bonded joint analysis. From these arguments, two-
dimensional model may be sufficient for joint repair analysis but three-dimensional 
model is still highly recommended for patch repair analysis. 
 
Another issue always encountered in the finite element modeling is the presence of 
singularity at sharp re-entrant corner which may overestimate the strength of 
adhesively bonded repair. This singularity can be improved by rounding the sharp 
ends in the finite element model. In the investigation of the effects of local geometry 
on the strength of adhesive joints, Adams and Harris [16] demonstrated that the 
singularity can be alleviated by filleting the square edge but it will become dependent 
on the degree of rounding.  
 
2.3.2. Modelling of Adhesive Fracture with Singularity Elements 
As discussed above, stress or strain singularities always take place at re-entrant 
corners of adhesive joint in the continuum mechanics approach. This infinite stress or 
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strain distribution, however, is not real because the re-entrant corner radius is finite. 
To solve this issue, fracture mechanics approach is recommended. In this approach, 
the fracture of materials is initiated from the tip of pre-existing crack which shows 
infinite stress or strain. The severity of the crack is characterised by a quantity called 
the stress intensity factor. The use of a generalized stress intensity factor was widely 
employed by some researchers [17, 18, 19] for repaired crack with a bonded patch 
repair. In a study of stress singularities and fracture at adhesive corners, Groth [20] 
used a generalized stress intensity factor to predict the fracture loads of adhesively 
bonded joints for the comparison between prediction and test results. Padini et al. [21] 
also demonstrated that the singularities issue can be solved using the method of 
fracture load prediction. 
 
2.3.3. Modelling of Adhesive Bonds with Cohesive Elements 
According to Banea and Da Silva, the technique for damage modelling can be divided 
into two groups: continuum and local approaches [22]. In the continuum approach, it 
defines the damage modelling within a finite region. Whereas in the local approach, 
the damage is confined to zero volume lines or surface in two and three-dimensions. 
Local approach is the interest of this section because it always refers to cohesive zone 
model (CZM). One of the advantages of using CZM is pre-existing crack is not 
required. In the study of progressive delamination modelling [23], Mi et al. revealed 
that using CZM does not require the assumption of an initial crack and it can deal 
with strength or fracture failures as well as combination of strength and fracture 
failures. Davila et al. [24] also showed that shell cohesive element can represent the 
onset and propagation of delamination or the propagation of a pre-existing 
delamination in structure without initial crack. The development of CZM was adopted 
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by Hu and Soutis [25] in a study of composite patch repair under compression. In his 
research, CZM was used in a three-dimensional model to determine the stress field in 
optimum repaired configuration for studying the selection of patch size, shape and 
membrane stiffness. 
 
 Additionally, encouraging results were also obtained by Campilho et al. [26] in an 
experimental and numerical study to investigate the tensile behaviour of adhesively 
bonded carbon/ epoxy scarf repairs. In the study, a mixed-mode cohesive damage 
model was used to simulate adhesive layer. A good agreement between the 
predictions and experiments showed that CZM is capable of predicting the strength of 
adhesively bonded joints.  
 
In addition to the CZM, progressive failure analysis (PFA) has been used in the 
modelling of adhesively bonded repairs [27,28]. In these studies, a three-dimensional 
model was presented to assess the mechanical behaviour of composite bonded patch 
repair. In the PFA, material property degradation was performed to simulate the final 
failure load of composite bonded repair. However, the adhesive layer was assumed 
isotropic in the study. In view of predicting accurately the behaviour of adhesively 
bonded repair, some researchers have combined CZM and PFA in studying the 
composite bonded repair. In 2010, Ridha et al. [26] implemented both progressive and 
cohesive damage models in the study for adhesively bonded scarf repair. This study 
showed that accurate predictions can be obtained in the finite element method with a 
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Progressive failure of composite is the evolution of damage from initiation and 
accumulation until ultimate failure. In the progression of damage, damage initiation, 
damage growth and residual strength are the main focus for researchers in 
understanding the behaviour and strength of composite structures. Progressive failure 
analysis may also involve nonlinear geometrical analysis. 
 
 
Figure 3.1 Typical progressive failure analysis process [30] 
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As illustrated in the flow chart in Figure 3.1, progressive failure analysis is an 
iterative process in determining final failure of the structure. At every load step, 
nonlinear analysis is repeatedly performed to achieve convergence. In the equilibrium 
state, stress or strain is calculated within the laminate. A failure criterion is then 
selected for comparing the stress or strain with material allowables. If no failure is 
detected, a small amount of applied load will be increased to advance the solution. 
However, if converged solution is failed to achieve, predicted final failure load is 
obtained as indicated in the flow char (Figure 3.1). This final failure load is not the 
ultimate failure load of nonlinear analysis because the accumulation of damage is 
terminated in advance of the ultimate failure. On the other hand, if failure is 
determined, the stiffness properties of damaged material will be degraded and stresses 
will be redistributed to the adjacent undamaged areas. New stiffness properties will 
subsequently be updated for the structure. Therefore, equilibrium state of the structure 
needs to be re-established at the same load level. This iterative process will be 
continued until no additional lamina failures are detected. At this step, applied load 
will be increased for another stage of the nonlinear analysis. The applied load is then 
accumulated until catastrophic failure of the structure is detected with specified 
failure criterion. The failure of composite materials can be classified into macroscopic 
and microscopic failure. Generally, macroscopic failures based on tensile, 
compressive and shear strengths of composite laminate. If a material allowable is 
exceeded, failure of the material is defined based on the failure criterion. In the 
concept of microscopic failures, the failure of composite materials is studied at the 
scale of fiber or matrix. The material may fail by fiber breakage, matrix cracking or 
delamination under tensile, shear or compressive loading. Some typical failure criteria 
can be found on composite mechanics books [31,32]. 
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3.2. Types of Progressive Damage Analyses  
Progressive damage modelling can be carried out at different length scales, i.e., 
macro-scale modelling, micro-scale modelling and multi-scale modelling. Usually, 
progressive failure damage modelling is performed at macro scale. Each ply level 
stress or strain is sometimes calculated using classical lamination theory (CLT) and 
evaluated with specified failure criterion. In macro-scale modelling, upon satisfying 
the failure criterion, the lamina stiffness will be degraded progressively until last ply 
failure occurs. In the case of micromechanics-based analysis, the composite 
progressive failure analysis is modelled at the constituent level. In contrast to macro-
scale modelling, the micro-stresses or micro-strains are calculated at each constituent 
such as fiber, matrix or interface. These stresses or strains will be checked with the 
relevant failure criteria corresponding to the constituents. Material stiffness 
degradation is now carried out at the level of constituents. More details of a 
micromechanics-based progressive failure analysis can be seen in the research work 
of Gotsis and Chamis [33]. They used fiber and matrix properties as input for first ply 
and progressive failure under uniaxial and combined loadings.  
 
Meso-scale analysis is often employed together with macro and micro-scales in 
progressive failure modelling of textile composites. An example of multi-scale 
progressive failure analysis is shown in Figure 3.2, where Laurin et al. [34] classified 
the method of multi-scale modelling into five steps: (1) methods of change of scale, 
(2) mesoscopic behaviour, (3) mesoscopic failure criterion, (4) progressive 
degradation model and (5) definition of final failure. The method of change of scale is 
based on CLT method. To predict correctly the unidirectional ply failure, mesoscopic 
stresses are computed and compared with failure criterion. The proposed failure 
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criterion by Laurin et al. is based on Hashin’s criterion [35]. In the proposed failure 
criterion, fibre failure mode and interfibre failure mode are taken into account the 
microscale. Failure is also distinguished for tension and compression due to their 
different failure mechanisms. 
 
 
Figure 3.2 Multi-scale progressive failure modelling [34] 
 
3.3. Material Property Degradation Method 
As discussed in the section above, progressive failure method will be activated once 
the specified failure criterion is satisfied. The material property degradation method 
(MPDM) is widely employed in progressive failure analysis. Three types of property 
degradation presented by Sleight [30] are illustrated in Figure 3.3. For the case of 
instantaneous unloading, the property (usually stiffness) is degraded instantly to zero 
and it is also known as immediate degradation. For the constant stress model of 
degradation, the behaviour is similar to the elastic perfectly plastic response. Lastly, 
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the most popular type of degradation is gradual degradation (gradual unloading). The 
material stiffness property can be degraded either linearly or exponentially with 
factors defined by users.  
 
 
Figure 3.3 Material property degradation types [30] 
 
In a study of progressive failure criterion for a laminate, Liu and Tsai [36] had 
summarised the degradation factors using Swanson materials that matrix degradation 
factor is 0.15, fiber degradation factor is 0.01 and compressive strength degradation 
exponent is 0.1.  The degradation factor is a ratio of modified material stiffness to 
original material stiffness as below: 
 
                   
                          
                          
 
 
In the Finite Element (FE) solution, the degradation factor is also named as stiffness 
reduction factor. Upon failure occurs (Failure index, FI > 1), an incremental stiffness 
reduction factor, ∆ri, is calculated in terms of FI according to the equation [37] below:  
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 ∆ri = - (1 - e 
1 - FI
)                                                                                          (3.1) 
where FI is a mathematical function of load and strength variables.  
 
This incremental stiffness reduction factor contributes to the total stiffness reduction 
factor, r, as shown in the equation [37] below: 
 
r = ro + ∆ri      where ro is 1.0            (3.2) 
ro is initial stiffness factor 
 
The total stiffness reduction factor starts with 1.0 and varies between 0 and 1 
whenever failure index is greater than one. The reduction factor will be stored and 
updated until the total stiffness factor specified by user is reached.  
 
In the event of the stiffness reduction factor is set to 0.01, the original stiffness is 
degrading from the initial stiffness factor, 1.0, until the total stiffness reduction factor 
is equal to 0.01. At this point, the degraded material stiffness is 0.01 times of the 
original material stiffness. It means that 99% of the material is damaged and 1% of 
the material is remained.  
 
3.4. Cohesive Zone Modelling  
In 1959, Barenblatt [38] proposed a cohesive zone concept for modelling the brittle 
fracture. This concept is represented by a relationship between the cohesive force and 
opening displacement. According to Barenblatt, the infinite stresses at the crack tip 
can be avoided by implementing the concept of molecular forces at the crack tip. In 
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1960, Dugdale [39] also developed a concept of CZM for ductile metals where the 
cohesive stress is equated to the yield stress of material at failure or yield. For ductile 
materials, Needleman (1987) used polynomial function [40] in CZM for predicting 
pure normal separation. Later in 1990, both polynomial and exponential cohesive law 
are applied by Needleman [41] in simulating normal separation. In addition to normal 
separation, shear separation can also be modelled by the CZM method. Camacho and 
Ortis [42] employed a cohesive-law fracture model to predict the failure for both 
normal and shear separation under tensile and compressive loads respectively.  
 
3.4.1. Cohesive Traction Separation Law 
 
Figure 3.4 Exponential model [43] 
 
In CZM, the constitutive response of the cohesive elements is characterised by 
traction-separation law (TSL). There are three shapes of CZM widely implemented by 
researchers, namely, trapezoidal, bilinear and exponential models (Figure 3.4). In this 
research, exponential model was used in the simulation because it gives a best fit to 
experimental results. Additionally, it can be formed with only two parameters. The 
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shape of the exponential model is defined by peak cohesive strength, σmax, critical 
displacement, δmax. Whereas the area under the curve is given by [43]: 
 
                                                                                                          (3.3) 
 
  
A Study of Composite Wet-Layup Bonded Repair Behaviour for Aircraft                           21 
CHAPTER 4: TEST PROGRAM 
 
4.1. Introduction 
This chapter describes test fixture design, test panels fabrication and experimental 
testing. The main purpose of this test program is to perform two types of composite 
testing: coupon and element tests (Figure 4.1).  The building block testing [44] in 
Figure 4.1 illustrates the structural complexity level of composite testing.  
 
 
Figure 4.1 Building block testing approach [44] 
 
Coupon test is the first level of the building block testing. This type of test usually 
includes constituent, lamina and laminate testing. In this research, laminate ply test 
was performed under in-plane tensile and shear loading for determining ultimate 
strength values, elastic constants and Poisson’s ratio values [45]. Element test is the
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second level in the building block testing. In MIL-HDBK-17-1F, [44] element tests 
include several examples such as open and filled hole tensile tests, joint bearing and 
bearing bypass tests, etc. In the composite wet-layup bonded patch repair test 
specimen, the damaged cutout is filled up with epoxy and bonded with repair patches. 
Composite bonded patch repair testing is regarded as an element level test. In the 
research, the composite wet-layup bonded patch repair testing was conducted under 
tensile loading to determine the repair strength. 
 
4.2. Testing Materials and Standards 
In this test program, the composite wet lay-up repair panels were made of carbon 
fabric/ epoxy prepreg and carbon fabric/ epoxy wet-layup. The selected carbon fibre 
epoxy prepeg material is Cycom 997 toughened epoxy resin. This material is also 
qualified to DMS 2224/ 2212 (Boeing process specification) which is commonly used 
in the aerospace industry for primary and secondary structures. The class of the 
prepreg is 5 hardness satin fabric and the material code is HMF 997/ HS AS4 3k 280. 




F). Structures made of 




F) for dry condition (low 




F) for wet condition (high humidity). Additionally, 
autoclave or press-mold processing is used.  
 
Although the laminate is made of prepreg material, the repair patch is made from wet-
layup materials. Wet-layup repair patch is widely used for the cosmetic or temporary 
repair in aircraft repair industry. It should be noted that carbon fabric/ epoxy wet-
layup is different from carbon fabric/ epoxy prepreg because it is not pre-impregnated 
material. Hence, dry fibre cloth and resin system were prepared separately in 
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fabricating carbon/ epoxy wet-layup. In order to achieve the prepreg laminate strength, 
the fibre system of the repair patch must be the same as prepreg laminate. Dry cloth 
fabric with 3k-280-5H fibre system, which is manufactured by Hexcel Corporate, was 
then used in the fabrication. For the wet-layup resin, Hysol EA 9396 epoxy paste 
adhesive was used. Hysol EA 9396 is manufactured by Henkel Corporation and 
widely used in aerospace MRO industry. EA 9396 is a low viscosity resin and it can 
be cured at room temperature with excellent strength properties as well as moderate 
peel strength. The summary of composite materials is illustrated in Table 4.1.  
 







Baseline 3k - 5 Harness Satin Weave Prepreg AS4 3k 280 HMF 997 
Repair Patch 3k - 5 Harness Satin Weave Wet-layup AS4 3k 280 EA 9396 
 
In this test program, only tensile uniaxial loading was applied to study the behaviour 
of the laminate repair panels. Hence, in-plane tensile and shear tests were conducted 
for coupon and element tests. The testing was performed in conformance with the 
standard of ASTM D 3039 [46] and ASTM D 3518 [47]. Further information in 
regard to the testing is presented in Section 4.4. 
 
4.3. Repaired Panel Design  
As highlighted in Chapter 1, the objective of the research is to investigate the 
behaviour of the wet-layup repair with different stack-up, orientation and number of 
plies. This motivation was attempted by designing a panel with 25.4 mm (1.0 in) 
diameter circular cutout. If the repair patch is bonded to one side of damaged panel 
only, it could result in bending. To reduce the effect of bending, repair patches were 
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bonded to the top and bottom of the damaged panels to form a symmetrical double 
bonded patch repair. The repaired test panels were also tailored in balanced 
orientation and symmetrical stack-up so that the laminate is balanced or quasi 
isotropic to eliminate the coupling between extension, shear, bending and twisting 
during the testing [45]. The number of plies of the test panels was limited to two plies 
and four plies only such as (45)2, (0)2, (0)4, (45)4, [(0)(45)2(0)] and [(45)(0)2(45)]. 
 
Apart from the number of plies, some standard industry practices were also applied in 
fabricating the test panels such as 12.7 mm (0.5”) overlap length and minimum 
distance to the edge, 2d, [45] where d is the diameter of hole. A panel of four plies 
prerpeg laminate with (0/90)4 layup and 127 mm width size (Figure 4.2) was designed. 
Classical Lamination Theory (CLT) was used to calculate the stresses and maximum 
failure load as described in the Section 4.5.1. This maximum failure load was 
subsequently used as a machine load for test fixtures design calculation (Appendix A).  
 
4.4. Test Matrices 
Table 4.2 and 4.3 show the numbers of specimens fabricated for the coupon and 
repaired panel testing. In the coupon tests, two types of test were conducted: ASTM D 
3039 tensile test and ASTM D 3518 shear test. D 3039 is a test standard for 
determining the in-plane tensile properties of polymer matrix composite materials. 
The composite materials are limited to balanced and symmetric laminates only. 
Meanwhile, D 3518 is a test standard for determining the in-plane shear response of 
polymer matrix composite materials. The composite materials are limited to ±45
o
 
laminate tested in tension loading.  
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Shear ASTM D 3518 3 
 
The repaired panel testing is uniaxial tensile test in accordance with D 3039 standard. 
Six types of laminate orientation were prepared. The number of repair plies is 
proportional to the number of plies of prepreg laminate. These repair plies were 
bonded to both sides of damaged panel in the experiment for achieving a symmetrical 
structure.  
 
Table 4.3 Repaired Panel Tests 
Orientation 
Number of  
Number of Repair Plies 
Number of 
Specimens Plies 
(0)2 2 2 4 
(45)2 2 2 4 
(0)4 4 4 4 
(45)4 4 4 4 
[(0)(45)2(0)]  4 4 4 
[(45)(0)2(45)] 4 4 4 
 
As illustrated in Table 4.3, the maximum number of plies in the repaired panel tests is 
four plies. Since each bonding overlap length is 12.5 mm, the total diameter of repair 
patch is 76.2 mm. 25.4 mm distance is given from the edge of the repair patch to the 
side of the repair panel (Figure 4.2). Therefore, the width of repaired panel is 127 mm.   
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Figure 4.2 The geometry of repaired panel 
 
4.5. Fabrication and Repair 
4.5.1. Test Fixture Fabrication 
After the analysis, the customised test fixtures were prepared in technical drawings 
(Appendix B) for fabrication. These test fixtures (Figure 4.3 & 4.4) were fabricated by 
the vendor of Cyclematic Precision Engineering Co. This vendor was also responsible 
for the composite panels drilling. The NAS bolts (Figure 4.5) used in the test fixtures 
were purchased from B/E Aerospace Singapore.  
 
25.4 mm 
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Figure 4.3 High strength steel test jigs 
 
 
Figure 4.4 Aluminium metal tabs 
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Figure 4.5 NAS bolts 
 
4.5.2. Coupon Test Specimens Fabrication 
Two types of laminate specimens, prepreg and wet-layup, were fabricated for coupon 
tests. The number of specimens and laminate orientations are described in Table 4.2. 
Prepreg laminate was fabricated with high pressure and elevated temperature in 
autoclave, whereas wet-layup laminate was fabricated with vacuum pressure and 
room temperature in oven.  
 
4.5.2.1. Prepreg Laminate Fabrication 
The prepreg material in the sealed dry container is stored in the freezer with 
temperature at -18 
o
C according to the life period recommended by the material 
supplier. Thus, in prior to the prepreg layup process, the prepreg roll was removed 
from the freezer to thaw at room temperature in the sealed container to prevent the 
moisture contamination which is detrimental to the prepreg fabrication. The thawing 
process ended when the moisture was not visible on the sealed container. Next, the 
prepreg material was unrolled and cut into the desired size with backing silicon-
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coated sheets. Lastly, the pre-cut prepreg plies were laid on a peel ply (Figure 4.6) 
with reference to the desired orientation and number of plies. 
 
 
Figure 4.6 Prepreg laminate layup 
 
Subsequently, the prepreg laminate layup was bagged with vacuum before autoclave 
curing. This process is used to evacuate the air trapped in the panels to avoid void 
during fabrication. The detail of the vacuum bagging is shown in Figure 4.7. After the 
process of vacuum bagging, the prepreg panels were cured in the autoclave with the 
cycle as described in Figure 4.8 at 580 kPa pressure and 0.85 atmosphere vacuum. 
When pressure reached 100-140 kPa, the vacuum was vented. The prepreg panels 
were heating up to the 450 K at 258 K/min rate and maintained the temperature for 
120 minutes. Then soaking process was initiated to cool down the panels at not 
exceeding 260 K/min rate. The pressure released when temperature was reached 340 
K. The prepreg laminates were collected upon completion of the soaking process.  
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Figure 4.7 Vacuum bagging (Courtesy of Hexcel Corp.) 
 
 
Figure 4.8 Prepreg curing cycle 
 
4.5.2.2. Wet-Layup Laminate Fabrication 
In contrast with prepreg laminate fabrication, wet-layup fabrication does not need 
thawing as the raw material of wet-layup (dry fabric) was not stored in the freezer. 
Furthermore, dry fabric has longer shelf life if compared with prepreg material. 
However, the procedure of fabricating wet-layup was longer and more tedious. The 





Temperature, K Pressure, Pa 
Time, min 
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4.9 (b)) was prepared with the mix ratio 100/ 30 of Part A to Part B (hardener) by 
weight. The mix ratio is generally recommended by the resin supplier as shown in the 
figure below. Since the pot life of the resin is only 90 minutes, the wet-layup process 
must be completed within the time indicated to avoid adhesive hardening during lay-
up process. 
 
After preparing the resin, a layer of bagging film was laid on a flat surface with 
sufficient amount of resin as illustrated in Figure 4.9 (c). Subsequently, dry fabric was 
placed on the resin (Figure 4.9 (d)). Next, more resin was poured on the dry fabric to 
saturate it evenly. Then, another layer of bagging film was placed on top of the resin/ 
fabric mixture. To ensure the dry fabric is fully saturated, a squeegee was used to 
squeeze the excessive resin out from the dry fabric. The bagging films on the wet-
layup were removed and the wet-layup was placed on a new perforated release film 
for vacuum bagging (Figure 4.10).  
 
 
(a) Dry fabric              (b) Epoxy resin 
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(c) Pouring resin on bagging film           (d) Wet-layup 
 
Figure 4.9 Wet-layup fabrication 
 
The curing process of wet lay-up panels is dependent on the curing specification of 
EA9396. There are two curing specification recommended by the material supplier, 
curing the wet-layup at 25 
o
C for three to five days, or accelerated the process by 
curing the wet-layup at 66 
o
C for one hour. In the experiment, accelerated curing 
method was selected to fabricate the wet-layup specimens.  
 
 
Figure 4.10 Wet-layup bagging 
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4.5.3. Repaired Panels Fabrication 
In the experimental testing, the repaired panel is bonded wet-layup patch repair. The 
number of repaired panels and plies layup are described in Table 4.3. As depicted in 
Section 4.5.2.2, wet-layup fabrication is a tedious process. More caution and 
procedures must be followed in preparing good quality bonded wet lay-up repair 
panels.  
 
4.5.3.1. Safety Precautions 
Safety protections are important in composite drilling and cutting processes in which 
the flying particles and dust are produced. These residues, particularly carbon 
particles, may cause respiration hazard and skin irritations. And thus, goggles or 
respirators, dust mask, gloves and clothing were worn to prevent from overexposing 
the body to carbon particles.   
 
4.5.3.2. Damaged Panel Fabrication 
After the completion of autoclave curing, the prepreg laminate panels were prepared 
for the fabrication of damaged panel. The location of the damage was marked at the 
centre of panel. The panel was then punched by a sharp tool to break the fibre (Figure 
4.11).  A template of circular hole with diameter of 25.4 mm was prepared for the 
making hole. This template was positioned at the centre of the panel. Later, the panel 
was placed on top of rectangular hollow bars as shown in Figure 4.12 to prevent the 
workbench from damage during the machining process. The panel was also fixed by 
clamping it to the rectangular hollow bars. Lastly, a drill was used to route off the 
damaged fibre slowly and the depth of the bit was adjusted accordingly until the panel 
was fully penetrated. The drill was then steadily held to remove all the material within 
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the outlined circle area on the template. Caution was also taken to minimise vibration 
during drilling process to prevent delamination.  
 
 
Figure 4.11 Damaged fibres 
 
 
Figure 4.12 Hole drilling setup 
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4.5.3.3. Surface Preparation 
Surface preparation is a vital procedure in the adhesive bonding process. Care must be 
taken to provide a good surface for building a strong structural bond between the two 
parts. The repair strength is not only dependent on the repair material strength but also 
the quality of bonding. If the bonding is weak, the repair patch can be easily peeled 
off from the damaged panel as shown in Figure 4.13 (a). Therefore, cleaning and 
sanding are needed to create good adhesion in the bonding area. The prepreg laminate 
panel usually has a smooth surface due to the present of excess resin after curing. This 
smooth surface can deteriorate the bonding effect. To offer a good bonding surface, 
surface sanding must be performed to construct a rough surface to generate more 
bonding area. There are two main sanding tools, namely, abrasive paper and power 
sander. Hand sanding using abrasive paper is tedious but it offers greater control in 
the sanding process. In contrast, power sander is more effective, but more caution is 
needed so that no excessive material is removed. 
 
      
(a) Peeling the repair patch    (b) Repair patch 
Figure 4.13 Poor bonding 
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To provide clean surface, the damaged panel was first cleaned up with using solvent 
wash of Methyl Ethyl Ketone (MEK) to wipe out contaminants on the bonding area. 
This cleaning process was followed by a sanding process. In order to effectively sand 
the surface without removing or damaging the fibres, a power sander (Figure 4.14) 
with fine abrasive paper, 120-grit, was used. The sanding process was later 
accelerated with using coarser grit sand paper. During that process, the bonding 
surface was inspected closely to ensure the fibre is not damaged. If the fibre was 




Figure 4.14 Power sander 
 
However, it is noted that the quality of bonding surface (Figure 4.15) is difficult to 
inspect by naked eyes. Therefore, water break test was conducted to examine the 
bonding surface by pouring water onto the surface. The surface is ready for bonding 
process if the water film flows off; the surface needed sanding again if the water film 
breaks into beads or drops which indicate the surface is still waxed. The process of 
sanding was repeated until all the panels’ bonding surface passed the water break test.  
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Figure 4.15 Bonding surface after sanding 
 
4.5.3.4. Repair and Filler Plies Preparation & Installation 
In this research, the number of repair plies in the patch is equal to the number of 
original plies (prepreg). The repair plies material for the damaged panel was made of 
wet-layup composite material. Thus, the fabrication procedure in Section 4.5.2.2 was 
repeated in preparing the repair materials. On the other hand, the filler plies were 
made of chopped fibre with epoxy resin (Figure 4.16).  
 
To prepare filler plies, extra fibres from the repair plies were cut into 3 mm length. 
Subsequently, the epoxy resin used in repair plies was poured into the chopped fibres. 
The stiffness and strength of filler plies are low. Therefore, filler plies are not 
structural. Since the filler plies is not a structural part in wet-layup bonded repair, the 
amount of chopped fibres and epoxy resin were adjusted only for filling up the hole 
and maintaining the contour of parent part, also known as original skin. In Figure 4.17, 
the plies orientation layup and filler plies are illustrated for repair and filler plies 
installation. 
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Figure 4.16 Chopped fibre 
 
 
Figure 4.17 Plies orientation layup 
 
After the preparation of repair and filler plies, the damaged panel was cleaned up with 
double wiping using MEK solvent. A layer of bagging film was placed on the 
bonding table and then the damaged panel was laid down on the film. Subsequently, 
the repair ply was placed within a red circle marked on the damaged panel. After 
bonding the repair patch at one side, the panel was flipped over carefully for another 
side bonding. Prior to the bonding, the chopped fibre filler was poured into the hole 
and flattened by squeegee. After that, last repair patch were placed on the surface with 
reference to the ply orientation layup as illustrated above.  
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4.5.3.5. Bag and Cure Repair 
The bagging procedure demonstrated in prepreg laminate and wet-layup fabrication 
was repeated for the repaired panel. However, the curing cycle was using the wet-
layup curing system as it was a wet-layup repair process. Good bonding of the repair 
patch (Figure 4.18) was inspected after the curing process.  
 
 
Figure 4.18 Bonded repair patch 
 
4.5.3.6. Metal Tabs Bonding 
The last step of the fabrication was bonding metal tabs to the test panels. Before the 
metal tabs bonding, the panels were machined by drilling holes at two ends as shown 
in Figure 4.19 per drawing (Figure B.5 & B.6). Metal tabs bonding was then started 
with surface preparation on the metal tabs and test panels.  
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Figure 4.19 Holes drilling 
 
The process of surface preparation was similar to the typical composite surface 
preparation. However, more works were carried out to increase the bonding strength 
between metals and composite parts. The first step in the preparation was using 
abrasive papers to remove grease from the metal surface. After hand sanding, the 
surface was cleaned with water before applying surface treatment. A jelly like 
material, Pasa Jell (Figure 4.20 (b) & (c)) was applied on the metal surface to improve 
the metal bond adhesion. Another type of adhesive recommended in metal bonding is 
Hysol EA 9394 (Figure 4.20 (e)). This adhesive was prepared and applied to the metal 
and test panel bonding area. To develop a strong bond between metal tab and 
composite, a layer of netting fabric cloth was placed on top of the adhesive on 
aluminium metal tabs as demonstrated in Figure 4.20 (f).  
 
After the preparation of metal tabs, the bonding area of test panel was first double 
wiping with MEK solvent for the surface cleaning. Next, the prepared EA 9394 
adhesive was applied on the bonding area (Figure 4.20 (g)). The metal tab with 
adhesive and fabric cloth was bonded to the composite panel. Two Hi-Lok pins 
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(Figure 4.20 (h)) were used to fix the metal tab from sliding during curing process. 
Subsequently, the repaired panels were bagged with standard procedure and cured by 
oven in accordance with the wet-layup curing procedure. The process of making 
composite wet-layup bonded patch repair panels had finished after the curing process. 
 
                              
(a) Metal grease being removed               (b)  Pasa Jell 
 










(e)  Adhesive applied to metal tab             (f) Netting applied to metal tab            
with adhesive 
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(g)  Adhesive applied to repaired panel               (h) Metal tab being fixed by pins 
Figure 4.20 Metal tabs bonding preparation 
 
4.6. Experimental Testing and Results 
Two types of experimental testing were performed in this research project. The first 
type of testing was coupon test for gathering the prepreg and wet-layup material 
mechanical properties, while second type of testing was repaired panel testing for 
studying the behaviour of composite wet-layup patch repair. 
 
4.7.1. Experimental Testing 
4.7.1.1. Coupon Testing 
In the laminate coupon fabrication, the prepreg and wet-layup laminates with (0)3 and 
(45)3 were machined and cut into the size of 254 mm (10 inches) length and 25.4 mm 
(1.0 inch) width. For the measurement of Poisson’s ratio, cross strain gages (Figure 
4.21) were bonded to the coupons. After the installation of strain gage, the prepreg 
and wet-layup coupons were ready for in-plane tensile test (ASTM D3039) and in-
plane shear test (ASTM D3518). As indicated in Section 4.4, the in-plane shear test is 
limited to a continuous-fiber reinforced composite ±45
o
 laminate under uniaxial 
tensile loading in the laminate x-direction. As a result, the test method for in-plane 
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shear test is same as the in-plane tensile test except the composite material orientation. 
Therefore, no additional test fixtures were used in performing the in-plane shear test. 
 
 
Figure 4.21 Strain gage  
 
4.7.1.2. Repaired Panel Testing 
In the setup of repaired panel testing, more steps were involved in comparison with 
coupon testing. Test jigs need to be assembled and installed before experiment testing. 
The top load cell was adjusted so that the distance between top and bottom load cells 
is sufficient for mounting the test panel. Adapters were first mounted on the top and 
bottom load cells. In the meantime, the test panel was fastened to the grips with NAS 
bolts. The assembly of test panel was slowly lifted in the position that both ends with 
grips were in vertical line. The top grips of the test assembly were moved to the level 
in line with the top adapter and tightened with a 25.4 mm diameter pin. Subsequently, 
the test panel was slowly adjusted so that the bottom grips can be fastened to another 
adapter. The test panel was completely set up by fastening another 25.4 mm diameter 
pin at the bottom adapter as shown in Figure 4.23. 
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Figure 4.22 Repaired panel testing setup preparation 
 
 
Figure 4.23 Repaired panel testing setup 
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4.7.2. Test Results 
4.7.2.1. Coupon Test Results 
 
Figure 4.24 (0)3 and (45)3 Prepreg coupon failure modes 
 
 
Figure 4.25 (0)3 and (45)3 Wet-layup coupon failure modes 
 
The mechanical properties were obtained from the coupon tests for prepreg and wet-
layup materials. The coupon failures are shown in Figure 4.24 & 4.25. Three (03) 
layup coupons on the left show lateral fibre breakages near the tab for prepreg and 
wet-layup laminate specimens under tensile test. Meanwhile, three (45)3 coupon 
(0)3 Layup (45)3 Layup 
(0)3 Layup (45)3 Layup 
T1 T2 T3 S1 S2 S3 
T1 T2 T3 S1 S2 S3 
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specimens on the right show fibre scissoring due to large deformation under in-plane 
shear test. A closer view of the in-plane shear coupon failure was captured as shown 
in Figure 4.26. 
 
 
Figure 4.26 Fibre scissoring effect 
 
In the tensile coupon test (ASTM D 3039), grip failure occurred may be due to tab 
alignment, tab material, tab angle, tab adhesive, grip type and grip pressure. This 
failure could be prevented if using dog bone shaped specimens. However, dog bone 
shaped specimen is not used in the ASTM specification. Therefore, the test coupons 
failed at the gripping points. 
 
In the in-plane shear coupon test (ASTM D 3518), the load VS displacement curves 
are not linear initially and consequently (Figure 4.28 & 4.30) because of the test 
specimens’ behaviour are matrix-dominated. Therefore, nonlinear deformation is 
expected in the test results. According to the ASTM standard, if ultimate failure does 
not occur within 5% shear strain, the shear strength shall be determined at 5% 
calculated shear strain which limits the fibre rotation of 1.5
o
 during scissoring effect. 
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The 5% shear strain point shall be considered the maximum shear stress. Since large 
deformation occurred during the in-plane shear testing, 5% shear strain was used in 
the calculation.  
 
The tensile and shear properties were calculated per ASTM standards. According to 
the specification, the tensile chord modulus was measured from 1000 to 3000µε 
(Figure 4.27 & 4.29) and the shear chord modulus of elasticity was measured from 
1500 to 2500µε (Figure 4.28 & 4.30). Based on the test results from Figure 4.27 - 
4.30 as well as specimen dimensions in Table 4.4 & 4.5, the strengths and moduli 
were calculated for prepreg and wet-layup as shown in Table 4.6 - 4.9. The average of 
strengths and moduli calculated in the tables were used to estimate the strain. To 
fulfill Hooke’s law, the tensile and shear strains were calculated by dividing the 
average strength by the average modulus for prerpeg and wet-layup.  
 
In the coupon tests, 3 specimens of each lot are insufficient to encounter the variations. 
Due to the time restraint, only 3 specimens were prepared for coupon tests. From the 
coupon tests, large standard deviations are found in Table 4.6 & 4.8 (29.1 MPa and 
64.5 MPa) for prepreg and wet-layup tensile strengths respectively. It signifies that 
the test data is widely spread and it is less reliable. 
 
From Table 4.6 - 4.9, the standard deviation for tensile strength is much higher than 
maximum load for shear (called “shear strength”). This phenomenon may be due to 
different methods were used in predicting material strength. In tensile result, the 
highest point of the load-displacement curve was defined as tensile strength. However, 
the load at 5% strain in in-plane shear test was defined as shear strength.  Therefore, 
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the maximum load for tensile result is not necessarily the same as the load at 5% 
strain (according to ASTM D 3518).  
 
In Table 4.10, composite material properties such as modulus, strength and allowable 
strain are summarized for the use in finite element simulation to study the behaviour 
of composite wet-layup bonded patch repair. 
 
Table 4.4 Prepreg coupon specimen dimensions 
  T1 T2 T3 S1 S2 S3 
3 Plies Thk, mm 0.88 0.91 0.91 0.93 0.91 0.92 
Gage Length, mm 165.1 172.72 170.18 165.1 165.1 165.1 
Area, mm
2
 22.37 23.01 23.01 23.66 23.23 23.44 
 
Table 4.5 Wet-layup coupon specimen dimensions 
  T1 T2 T3 S1 S2 S3 
3 Plies Thk, mm 1.19 1.19 1.19 1.32 1.24 1.30 
Gage Length, mm 142.2 147.3 142.2 146.1 157.5 139.7 
Area, mm
2
 30.32 30.32 30.32 33.55 31.61 32.90 
 
Table 4.6 Prepreg tensile properties 
  
Tensile 
T1 T2 T3 Average Std. Dev. Std. Dev. % 
Modulus, GPa 40.8 33.2 46.9 40.3 6.9 17.0 % 
Strength, MPa 877.7 828.0 826.6 844.1 29.1 3.4 % 
 
Table 4.7 Prepreg shear properties 
  
Shear 
S1 S2 S3 Average Std. Dev. Std. Dev. % 
Modulus, GPa 4.8 5.7 6.6 5.7 0.9 15.8 % 
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Table 4.8 Wet-layup tensile properties 
  
Tensile 
T1 T2 T3 Average Std. Dev. Std. Dev. % 
Modulus, GPa 41.391 46.8 44.2 44.1 2.7 6.1 % 
Strength, MPa 560.6 479.2 606.5 548.8 64.5 11.8 % 
 
Table 4.9 Wet-layup shear properties 
  
Shear 
S1 S2 S3 Average Std. Dev. Std. Dev. % 
Modulus, GPa 3.6 3.8 3.6 3.7 0.1 3.2 % 
Strength, MPa 55.0 60.0 53.6 56.2 3.4 6.0 % 
 
Table 4.10 The summary of composite material properties 
Properties 
Prepreg Wet-Layup 
Tensile Shear Tensile Shear 
Modulus, GPa 40.3 5.7 44.1 3.7 
Strength, MPa 844.1 91.4 548.8 56.2 
Strain, ×10
-6
 20940 16262 12435 15303 
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Figure 4.28 Prepreg coupon shear tests 
 
 







































Wet Layup Tensile 1
Wet Layup Tensile 2
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Figure 4.30 Wet-layup coupon shear tests 
 
4.7.2.2. Repaired Panels Test Results 
18 repaired panels were prepared. However, only three panels of (45)2 laminate were 
successfully tested to failure at the repaired area. Most of the unsuccessful tests are 
due to composite joint failure because the failure load higher than the bearing strength. 
Therefore, the repaired panels failed at bolt area before the damage of repaired area. 
From the test results, the successful tests limited to orientation of (45)2 panel. It is 
mainly because of the fibres are not oriented in applied load direction if compared 
with other panels such as (0)2, (45)4 and [(0)(45)2(0)] because the fibres are not 
oriented in load direction, lower failure load is induced. Hence, (45)2 repaired panels 


















Wet Layup Shear 1
Wet Layup Shear 2
Wet Layup Shear 3
1500µε - 2500 µε 
 
5% strain 
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The failure loads for successful and unsuccessful testing are shown in Figure 4.31 and 
4.32. In Figure 4.31, the failure loads for successful testing of (45)2 repaired panels 
are summarised in Table 4.11. From the table, the ultimate loads obtained are 
consistent with 10% standard deviation. However, the standard deviation of 
displacement is 44%. This high standard deviation is primarily due to small failure 
displacement found in repaired test sample #3 only. In the test sample #3, 4.6 mm is 
obtained but test sample #1 and #2 show 10.5 mm and 12.3 mm respectively. The 
small failure displacement may be caused by specimen alignment because the 
repaired test sample #3 was not fully broken into two parts as shown in Figure 4.33 
(a). However, the initial load-displacement of the repaired test sample #3 is still 
similar to other specimens. Hence, the result of the repaired test sample #3 is still used 
in comparison and discussion. Other failure modes occurred in the region of repair 
can be seen in Figure 4.33. In Figure 4.33 (b) & (c), interlaminar and adhesive failures 
are displayed in the repaired panel as well as the wet-layup repair patch.  
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Figure 4.31 Successful wet-layup repaired testing 
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Table 4.11 The summary of test failure load 
Sample I II III Mean Std. Dev. 
Ultimate Load, N 15124 14266 12333 13908 10 % 




(a) Successful failure mode for (45)2 panels 
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(b) Repaired panel adhesive failure 
 
  
(c) Wet-layup patch adhesive failure 
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CHAPTER 5: FINITE ELEMENT ANALYSIS 
 
5.1. Introduction 
In this chapter, the FE code MSC.MD Nastran/ Patran 2010 Student Edition was used 
to investigate the behaviour of composite wet-layup bonded repair. This chapter 
describes how the finite element (FE) model of composite wet-layup bonded patch 
repair was developed. The chapter includes composite elements modelling, cohesive 
zone modelling, load & boundary constraints, materials & properties, nonlinear 





Figure 5.1 Composite bonded repair model 
 
As can be seen from the Figure 5.1, the FE model is a double bonded patch repair 
configuration which is symmetrical to the surface plane and thickness direction. As a 
result, a quarter bonded repair model (Figure 5.2) was created. Modelling a quarter FE 
model instead of a full FE model reduces computational time and memory. It is
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also noted that there is a 5000-grid limitation of MD Nastran Student Edition. 
Therefore, quarter bonded repair model is preferable in the research and the 
composite laminate was modelled with layered solid composite elements. 
 
 
Figure 5.2 Quarter bonded repair model 
 
In the actual bonded repair model, ply dropped-off (Figure 5.3) occurred due to 
different size of repair plies. Therefore, each repair ply has to be modeled with a 
single layer of elements. However, the property of layered solid composite elements 
has a requirement of minimum two layers of elements per repair ply for the accuracy 
of simulation according to MD Nastran. As a result, the single layer of elements was 
split into two layers of elements. 
 
During the fabrication process, adhesive applied to the repair area was squeezed out to 
ensure the thickness of the adhesive layer was assumed uniform throughout the test 
specimen. Since the adhesive type used is paste adhesive, the thickness of adhesive on 
repair surface is very small. Therefore, a uniform thickness of 0.005 mm was selected 
in the bonded repair FE model (See Section 5.5.2). 
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Figure 5.3 Section view of four plies quarter FE model 
 
Furthermore, epoxy filler and adhesive gap were also included in the FE model as 
shown in Figure 5.3. Although the filler in the actual bonded repair panel was made of 
chopped fibres with epoxy, the filler patch was modelled as an epoxy patch with 
cohesive elements because filler patch is a non-structural part and it does not affect 
the bonded repair strength. In actual fabrication, excessive resin inside the fabric 
layers of wet-layup was squeezed out to the surface of repair patch (Figure 4.18) 
during curing process. Some excessive resins were still trapped in ply dropped-off 
area (red circle in Figure 5.3). Therefore, a simple cohesive element shape, triangular 
cohesive element, was used (labelled as adhesive gap in Figure 5.3). 
 
5.2. Composite Elements Modelling 
In the modelling of composite repaired model, using 3D solid element is more 
suitable than 2D shell element. The FE model consists of two different types of 
properties: composite laminate and also adhesive materials. Thus, two layers of 
elements must be created to represent the composite laminate and adhesive. As a 
result, CHEXA 3D elements were used to create a composite FE quarter repair model. 
 
Wet-layup repair ply #2 Wet-layup repair ply #1 
Chapter 5: Finite Element Analysis 
 
 
A Study of Composite Wet-Layup Bonded Repair Behaviour for Aircraft                           59 
5.3. Cohesive Elements for Modelling Interlaminar and 
Adhesive Bonding 
In regard to the modelling of cohesive materials, it is rather cumbersome than 
modelling a composite material in MD Patran 2010 Student Edition. According to 
MSC.Software Technical Support, the Patran version 2010 does not support cohesive 
modelling but MD Nastran 2010 can perform cohesive analysis. Therefore, the 
cohesive modelling was started by modelling the cohesive parts with using CHEXA 
elements. Dummy properties were given to the cohesive elements in the Patran 2010. 
Patran was then used to write out a BDF input file in Notepad/ WordPad format for 
further modification. Lastly, the specified CHEXA elements for adehesive materials 
were searched through the BDF file. CIFHEX element entry, twenty-node and three-
dimensional interface element [48], was used for representing cohesive elements in 
SOL400. Therefore, all the entries of CHEXA for the adhesive materials were 
replaced with CIFHEX entries as illustrated in Figure 5.4 but element identification 
number (EID) and property number (PID) of CHEXA elements remained unchanged. 
This modelling procedure was also repeated to model the adhesive gap in the FE 
model with using CIFPENT element entry, fifteen-node and three-dimensional 
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Figure 5.4 Defining cohesive elements (CIFHEX) 
 
5.4. Load & Boundary Constraints 
5.4.1. Enforced Displacement Loading 
The simulation of the bonded patch repair is a progressive failure analysis which is 
also nonlinear analysis. For this type of analysis, enforced displacement was used to 
create a dummy applied load in the FE model for achieving convergence and 
stabilising the nonlinear simulation. In the research, the dummy load card with 
enforced displacement was set at 12.7 mm (0.5 inch) as displayed in Figure 5.5. The 
value of enforced displacement was chosen so that damage is initiated in FE model. 
 
 
Figure 5.5 Nastran enforced displacement card 
 
Change to CIFHEX 
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5.4.2. Symmetric Boundary Constraints 
To ensure symmetrical behaviour, symmetrical boundary constraints were modelled 
in the quarter repair FE model. There are three symmetrical planes in the quarter 
model such as X-Z plane, Y-Z plane and X-Y plane (surface plane). These 
symmetrical planes were constrained in translational and rotational directions with 
degrees of freedom 1, 5, 6 and 2, 4, 6 as well as 3, 4, 5 respectively (Figure 5.6). The 




Figure 5.6 Symmetrical boundary constraints 
ΔX = 0  
ϴY = 0 
ϴZ = 0 
 
 
ΔY = 0  
ϴX = 0 
ϴZ = 0 
 
 
ΔZ = 0  
ϴX = 0 
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Figure 5.7 Enforced displacement and boundary constraints 
 
5.5. Materials and Properties 
5.5.1. Layered Solid Composite Element Property (PCOMPLS) 
Traditionally, CHEXA elements are used with anisotropic property, PSOLID, to 
represent composite materials for composite analysis simulation. However, the 
PSOLID does not support progressive failure analysis. For this reason, a layered solid 
composite element property, PCOMPLS, was introduced to the FE model. Layered 
solid composite is based on solid continuum element formulation. Its interpolation 
function is derived by assuming a layered element rather than a homogeneous element. 
This type of solid composite element is capable of supporting the progressive failure 
analysis but applicable to CHEXA elements only.  
 
The composite layup definition can be directly assigned to the solid elements (Figure 
5.8) in FE modelling. The composite properties, orthotropic and failure properties, 
obtained from the testing were written into the MATORT card in FE model. These 
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properties were summarised in Table 5.1 and 5.2 for prepreg damaged panel and wet-
layup repair patch respectively. However, these properties are in-plane properties. In 
3D solid element model, through-the-thickness properties were assumed transversely 
isotropic [49]. The shear strength of prepreg damaged panel in 1-3 or 2-3 planes was 
using interlaminar strength provided by material manufacturer. Conversely, the shear 
strength of wet-layup repair patch in 1-3 or 2-3 planes was assumed equal to shear 
strength in 1-2 plane which is obtained from the testing. It is because of interlaminar 
allowable of wet-layup is not provided by supplier 
 
 
Figure 5.8 Layered composite layup definition (Courtesy of MSC.Software) 
 
Table 5.1 Orthotropic Properties 
  




GPa Msi GPa Msi 
Elastic Modulus 11  40.3 5.85 44.1 6.40 
Elastic Modulus 22 40.3 5.85 44.1 6.40 
Elastic Modulus 33 40.3 5.85 44.1 6.40 
Shear Modulus 12 5.71 0.83 3.67 0.53 
Shear Modulus 23 5.71 0.83 3.67 0.53 
Shear Modulus 31 5.71 0.83 3.67 0.53 
Poisson Ratio 12 0.055 0.055 0.055 0.055 
Poisson Ratio 23 [50] 0.32 0.32 0.32 0.32 
Poisson Ratio 31 [50] 0.32 0.32 0.32 0.32 
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Table 5.2 Failure Properties 
  




MPa ksi MPa ksi 
Tensile Stress Limit, X 844 122.4 549 79.6 
Tensile Stress Limit, Y 844 122.4 549 79.6 
Tensile Stress Limit, Z 844 122.4 549 79.6 
Shear Stress Limit, XY 91.4 13.3 56.2 8.2 
Shear Stress Limit, YZ 75.8 11 56.2 8.2 
Shear Stress Limit, ZX 75.8 11 56.2 8.2 
Shear Stress Bond, SB 75.8 11 56.2 8.2 
 
5.5.2. Cohesive Material (MCOHE) and Property (PCOHE) 
The procedure of defining cohesive material and property entries in BDF file is 
similar to the procedure of defining cohesive element (CIFHEX). The dummy 
material (MAT1) and property (PSOLID) entries in BDF file were removed and 
replaced with SOL400 cohesive material (MCHOHE) and property (PCOHE) entries, 
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In MCOHE entry format, MID is identification number for specified MCOHE entry. 
Three types of cohesive model are represented by integer “1”, “2” and “3” in the bulk 
data entry. “Bilinear Model” is represented by option 1, option 2 is referring to 
“Exponential Model” and “Linear-Exponential Model” is denoted by “3”. In the 
research, exponential model was chosen for cohesive zone modelling. It should be 
noticed that the PID number of CIFHEX entry must equal to PID number of PCOHE 
entry and the MID number of PCOHE entry is equal to the MID number of MCOHE 
entry to ensure that the cohesive elements are associated with correct cohesive 
material properties.  
 
Adhesive (cohesive) properties, such as cohesive energy and critical displacement, 
were estimated with assumptions based on some data obtained from the adhesive 
specifications [51], [52] and literature [53]. The cohesive energy of EA 9396 used in 
the bonded repair panel was not provided by supplier. Hence, the cohesive energy of 
EA 9313 obtained from the literature was used to predict the cohesive energy for EA 
9396. Since EA 9313 and EA 9396 adhesive materials are manufactured by Henkel 
Corporate for aerospace application, the cohesive energy of EA 9396 was calculated 
proportionally in terms of peel strength (Table 5.3) as shown below. The critical 
opening displacement was also assumed at 0.005 mm in the cohesive FE model. 
 
Cohesive energy,          
                   
                   
          
           = 111 x 0.77 = 0.33 N/ mm 
               262 
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Table 5.3 Adhesive Properties 
Paste Adhesive EA 9313 EA 9396 
Characteristic 




Peel Strength  




Tensile Lap Shear  
Strength  










5.5.3. Progressive Composite Failure Modelling 
After creating composite elements, failure criterion was defined to ply material 
property for progressive failure analysis. Some failure criteria require additional test 
data, for instance, interaction term in Tsai Wu theory, fibre or matrix properties in 
Puck theory, etc. Therefore, maximum stress or strain theories are favorable for its 
simple test data such as tensile, shear and compressive properties. However, MD 
Nastran version 2010 does not support maximum strain theory in progressive failure 
analysis. As a result, only maximum stress theory was used in the simulation. 
Therefore, failure index, FI, is defined as the ratio of the allowable load to material 
strength for tensile, shear and compressive components. If one of the failure indices 
among the strengths is greater than 1.0, the part is considered failed. 
 
Similar to cohesive zone modelling, progressive failure criteria assigned in MD Patran 
also required further correction. MD Patran version 2010 cannot write out the type of 
stiffness degradation and also the residual stiffness factor (degradation factor, Section 
3.3) automatically and appropriately. Thus, the BDF file was altered to rectify the 
issues stated above.  
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Gradual selective stiffness degradation was selected for the progressive failure type in 
FE model. However, the input written by MD Patran was remained at the option of 
“No Progressive Failure” (ITYPE = 0) as shown in Figure 5.10. Thus, the ITYPE was 
changed to “2” for the option of gradual selective stiffness degradation. Additionally, 
a range of degradation factor was used, 0.01, 0.05, 0.1 and 0.15, to investigate the 
progressive failure damage model. 
 
 
Figure 5.10 Editing MATF card 
 
5.6. Nonlinear Analysis Solution Procedures 
As discussed above, the material stiffness of repair panel is degraded at every load 
step. This degradation process is a geometric nonlinear analysis. As shown in Figure 
5.11, NLSTEP entry [48], nonlinear solution, was implemented successfully for 
specifying convergence criteria, load increment control and iterations control. Prior to 
the use of NLSTEP entry, parameter LGDISP was defined to 1 in the bulk data. It 
means that the nonlinear analysis has large displacement effects: updated element 
2
2
Change to “2” 
Change to “2” 
Degradation factor 
Degradation factor 
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coordinates and follower forces [48]. In the NLSTEP entry, the first keyword, 
GENERAL, is representing the parameters employed for the nonlinear analysis. 
MAXITER is the maximum number of iterations allowed. In the research, 10 
iterations were specified in the solution. MINITER indicates the minimum number of 
iterations for every increment, while MAXBIS shows the maximum number of 
bisections allowed. 
 
Another keyword, MECH, was designated in the fifth line describing the mechanical 
analysis. On the other hand, the field of CONV was used to select convergence 
criteria. It is understood that convergence is the most difficult part in the nonlinear 
analysis. To stabilise the simulation, automatic switching flag “A” was specified. If an 
inappropriate convergence criteria was used, appropriate convergence checking will 
be automatically activated from these criteria: Displacement (U), Load (P) and Work 
(W) [50,56]. This criterion, automatic switching convergence criteria, can result in 
less parameter to control for achieving the convergence. In the same line, PFNT 
keyword signifies the method of Pure Full Newton-Raphson was employed to update 
the stiffness matrix, which is also called tangent stiffness matrix, for every iteration of 
each increment. 
 
Apart from the iteration parameter setting, load increment parameters were also 
controlled in the FE model. As can be seen in the field of MAXITER, maximum 10 
iterations were controlled for every increment. In the simulation, adaptive load 
stepping (ADAPT) was adopted instead of fixed increment (FIXED) because 
controlling the increment time steps is more flexible than the number of increments in 
obtaining convergence. The load increment was started at initial time step of 0.01.  
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Minimum time step remained at default setting, which is 1e
-5
 whereas maximum time 
step was defined as 0.04. The desired number of iterations per increment (NDESIR) 
and factor for increasing time step (SFACT) were set to 4 and 1.6 respectively. 
 
Another method to smooth the iterations was adding damping ratio into the solution. 
IDAMP was flagged for adding artificial damping in the analysis. However, this 
option was only activated when the minimum time step was reached. The damping 
ratio used in the analysis was default value, 2e
-4
 (See DAMP in Figure 5.11). It is also 
noted that three parameters were employed to solve the convergence in the simulation. 
These parameters were DTMAXF, NDESIR and SFACT. The number of iterations 
per increment and factor for increasing time step were often adjusted to achieve 
convergence and sufficient number of increments. The number of increments is 
significant in investigating the damage behaviour of composite bonded repair. If a 
small number of increments are defined, for instance, 3-5 increments, it is insufficient 
cycles to find the first ply failure accurately because the first ply failure likely falls 
between the load steps. In contrast, if the number of increments is too large, it will 
greatly increase the computation time. Therefore, a justifiable number of increments 
are required in the nonlinear analysis.  
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Figure 5.11 NLSTEP entry [48] 
 
5.7. Benchmark Finite Element Model 
In the research, a benchmark FE model was developed using hexahedral elements. 
Although the convergence test of mesh quality is not performed, the FE result was 
compared with experimental result in Section 6.2. The FE model consists of 395 
CHEXA elements, 154 CIFHEX and 1 RBE2 element. CHEXA element is a six-sided 
solid element with twenty nodes, while CIFHEX is a solid interface cohesive zone 
modeling element with twenty nodes. Also RBE2 is a rigid body with independent 
degrees-of-freedom that was used in enforced displacement loading for the simulation.  
 
5.7.1. Load Increments 
In benchmarking the FE model, different load increments were used to achieve 
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was performed with the convergence criteria discussed in Section 5.6, but only 6, 10, 
27 and 100 load increments were successfully converged. Small or large load 
increments are not suitable in benchmarking FE results. If the load increment is too 
small, predicting the first ply failure may not be accurate. However, if the load 
increment is too large, computational cost is another concern to the simulation. 
Therefore, the FE results with 10 and 27 load increments are used for the discussion.  
 
From Figure 5.12, it shows that only the ultimate load obtained with 27 load 
increments is within the failure load range obtained from testing, between the red 
dotted lines in the figure. Therefore, 27 load increments FE model was recommended 
in the simulation. 
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5.7.2. Degradation Factor 
Apart from the load increments, several FE models were simulated with different 
percentage of stiffness degradation to determine an appropriate degradation factor. 
The failure criterion used in these FE models is maximum stress theory and the 
stiffness degradation option used is gradual selective stiffness degradation. Since it is 
±45
o
 laminate, the degraded stiffness in the FE model will be shear modulus. In 
Figure 5.13, it is observed that 90% degradation trend line is the line of best fit with 
the test data among 85% - 99% degradation models with different percentage of 
stiffness degradation. This degradation model was later used to benchmark FE model. 
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5.8. Finite Element Method Results 
This section presents the FEM results of (45)2 layup repaired panel as only the (45)2 
layup was experimentally tested successfully. Progressive failure and disbond results 
are discussed in the following sections. 
 
5.8.1. Progressive Failure Results 
The plots of stress in x-direction (longitudinal) versus deformation are shown in 
Figure 5.14. Figure 5.14 (a) shows the stress versus deformation under longitudinal 
loading for a damaged panel with repair patch, while Figure 5.14 (b) only displays the 
result of damaged panel. From the figure above, high stress concentration is found at 
the top edge of the hole. It also shows that higher stresses are generated in the area 
where the fibres are aligned in ±45 direction in the layup panel. The elements in the 
high stress area will be selected for the study of progressive damage. 
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(b) Without repair patch 
Figure 5.14 Repaired panel stress VS deformation plots 
 
The applied load versus displacement is plotted in Figure 5.15. The panel is damaged 
progressively until ultimate failure take places. A closer view of the load-
displacement curve is evaluated for the progressive damage process. Hence, the curve 
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Figure 5.15 Quarter FE model load versus displacement 
 
In Figure 5.15, ultimate load and first 90% degradation are explicitly displayed at 
time steps of 0.1716 sec (2.18 mm) and 0.2916 sec (3.7 mm). Another critical time 
step should be identified in the progressive failure analysis is first ply failure. To 
locate the first ply failure, the failure index should approximately close or equal to 
one. The failure index is defined in Section 5.5.3. For this purpose, the failure index 
output in Nastran result file are tabulated in Table 5.4 & 5.5 for selected elements in 
the high stress area. The failure index for other elements can also be seen in Figure 
5.16. 
 
FI is commonly used to predict the first ply failure but the maximum damage value 
should be taken into account as Nastran only calculate the failure index based on the 
residual stiffness after degradation in each increment of the analysis. In Figure 5.16, 
Ultimate load 
Cut here 
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high failure indices are found in element #184 and #270 due to high stresses. It can be 
seen that element #184 is near the edge of the cutout and high stress is found. On the 
other hand, since the repair panel is shear dominated laminate (45)2, high stress is 
found in element #270 near the edge of repair patch oriented in 45 degree. Therefore, 
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(b) At load increment #5 (t = 0.1316) 
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(d) At load increment #9 (t = 0.2916) 
Figure 5.16 Repaired panel failure indices 
 
From Table 5.4 & 5.5, the maximum damage value starts accumulating at 0.1316 sec 
and 0.1716 sec for element #184 and #270. However, the first ply failure does not 
take place at these time steps because the maximum damage values show that element 
#184 and #270 have already degraded 42.8% and 44.2% respectively. Therefore, the 
first ply failure is estimated to take place at prior time steps, 0.0916 sec and 0.1316 
sec. At 0.0916 sec and 0.1316 sec, the FI of element #270 is relatively close to one if 
compared with element #184 (Table 5.4 & 5.5). Thus, it is concluded that the first ply 
failure of element #270 occurs at 0.1316 sec but the first ply failure of element #184 
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Table 5.4 Failure output for Element #184 
Time  ELEMENT FMAX FAIL DAMAGE 
Step ID Max (FI) PLY ID FLAG Max PLY ID 
0.01 184 9.32E-02 1   0.00E+00 0 
0.026 184 2.44E-01 1   0.00E+00 0 
0.0516 184 4.92E-01 1   0.00E+00 0 
0.0916 184 8.93E-01 1   0.00E+00 0 
0.1316 184 8.94E-01 2   4.28E-01 1 
0.1716 184 3.92E-01 2   8.66E-01 1 
0.2116 184 6.53E-01 2   8.66E-01 1 
0.2516 184 9.68E-01 2   8.66E-01 1 
0.2916 184 1.22E+00 2 *** 9.00E-01 1 
0.3316 184 1.52E+00 2 *** 9.00E-01 1 
0.3716 184 1.80E+00 2 *** 9.00E-01 1 
 
Table 5.5 Failure output for Element #270 
Time  ELEMENT FMAX FAIL DAMAGE 
Step ID Max (FI) PLY ID FLAG Max PLY ID 
0.01 270 7.38E-02 2   0.00E+00 0 
0.026 270 1.92E-01 2   0.00E+00 0 
0.0516 270 3.83E-01 2   0.00E+00 0 
0.0916 270 6.84E-01 2   0.00E+00 0 
0.1316 270 9.99E-01 2   0.00E+00 0 
0.1716 270 8.61E-01 1   4.42E-01 2 
0.2116 270 5.59E-01 2   7.75E-01 1 
0.2516 270 8.65E-01 2   7.75E-01 1 
0.2916 270 7.86E-01 1   9.00E-01 1 
0.3316 270 1.00E+00 2 *** 9.00E-01 1 
0.3716 270 1.05E+00 2 *** 9.00E-01 1 
 
At times, a quick estimation of first ply failure can be made with using the plots of 
total damage (Figure 5.17). The first ply failure can be assumed to take place at where 
the damage first appeared in the plot of total damage. Figure 5.17 (b) demonstrates the 
first damage at 0.1316 sec to show that the first ply failure is occurred. In addition to 
the first ply failure, the panel is fully damaged at t = 0.2916 as illustrated in Figure 
5.17 (d). In Figure 5.17 (e), the figure shows that the repair patch is not damaged at t 
= 0.2916.  
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Additionally, the panel yields a shear failure for ±45 layup at the time step of fully 
damage (Figure 5.18). The predominantly shear failure modes are represented by a 
number “4”. On the other hand, no damage is found in the repair patch. It means that 
adhesive failure occurred to protect the repair patch in the simulation.  
 
 
(a) At load increment #1 (t = 0.01) 
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(b) At load increment #5 (t = 0.1316) 
 
 
(c) At load increment #6 (t = 0.1716) 
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(d) At load increment #9 (t = 0.2916) 
 
 
(e) At load increment #9 (t = 0.2916) 
Figure 5.17 Total damages for damaged panel and repair patch 
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Figure 5.18 Damaged panel failure modes 
 
5.8.2. Disbond Results 
In the research, cohesive elements were used to simulate the onset and progress of 
disbond between repair patch and damaged panel. A damage value (Figure 5.19) is 
calculated by MD Nastran for indicating the amount of irreversible cohesive energy 
[55]. When damage value is greater than one, cohesive element is considered 
damaged. The damage value and stress will be set to one and zero respectively in the 
subsequent increments. In the post-processing of cohesive failure analysis, MD Patran 
version 2010 was not able to display the results due to the version of MD Patran. 
Consequently, the result of cohesive elements (adhesive layer) can only be viewed in 
Nastran result file. From the Nastran result, adhesive layer started to damage when 
first ply failure was detected. The cohesive elements propagated circularly as shown 
in big red arrow (Figure 5.20). Since the panel is deformed in load direction, the 
transverse shear stress of cohesive elements in bottom region is higher than the 
cohesive elements in top region. As a result, the damage begins in the cohesive 
2.0 
4.0 
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elements with high transverse shear stress from the bottom region and propagates to 
the cohesive elements in the top region. 
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CHAPTER 6: RESULTS AND DISCUSSION 
 
6.1. Introduction 
In this chapter, several case studies are discussed to understand the behaviour of 
composite wet-layup patch repair such as the comparison of experimental and FEM 
results, the ultimate load and performance of wet-layup patch repair as well as the 
parametric studies of the effects of different laminate layups. In the parametric studies, 
the effects of stacking sequences and repair patch stiffness on the stress concentration 
are discussed. 
 
6.2. Comparison of Experimental and FEM Results 
The comparison between experimental and FEM results for (45)2 repaired panels is 
shown in Figure 6.1. As can be seen in Figure 6.1, the ultimate load, 13.8 kN, 
predicted by FEM is very close to the average of experimental ultimate load, 13.9 kN 
(Table 6.1). However, the load-displacement curves for FEM result and experimental 
results are significantly different from each other at degradation failure as shown in 
Figure 6.1. The FEM results show a decrease in load after the ultimate load is reached. 
However, subsequent loading shows that around displacements of 8 to 12 mm, the 
load starts to increase. This phenomenon could be due to stress redistribution and 
progressive failure at different parts of the model. Additionally, the load-displacement 
curve of experimental results shows pronounced nonlinear response upon failure 
because of material nonlinearity. This discrepancy is expected for (45)2 repaired panel 
because the damage of ±45 layup is driven primarily by the shear response but MD 
Nastran progressive failure analysis (geometrical nonlinear analysis) is based on
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linear elastic properties. Therefore, the FEM model in the research could not exhibit 
the material nonlinearity. 
 
Table 6.1 Experimental and FEM ultimate loads 
Methods Ultimate Load, kN 
Test Result 1 15.1 
Test Result 2 14.3 
Test Result 3 12.3 
FEM Result 13.8 
 
 
Figure 6.1 Comparison between experimental and FEM results  
 
6.3. Ultimate Failure Load 
The ultimate failure load predicted in the simulation demonstrates a good agreement 
with the results obtained from the testing. From the progressive failure results 
(Section 5.7.2), the first ply and ultimate failures are located at 0.01 strain (t = 0.1316) 
and 0.013 strain (t=0.1716). Therefore, the first ply failure load is 12.35 kN, whereas 
13.85 kN 
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the ultimate failure load is 13.85 kN as shown in Figure 6.2. The ultimate load is 
approximately 12%, which is 1500 N, more than the first ply failure load. The 
displacement between the first ply failure and ultimate failure is only 0.3% strain 
which is 0.5 mm. It is noticed that although the displacement is very short, the 
difference between the load of first ply failure and ultimate failure is large. From this 
observation, ultimate strength in place of first ply failure strength should be 
considered in the optimisation of composite laminate structure.  
 
 
Figure 6.2 Repaired panel progressive failure load 
 
6.4. Performance of Wet-Layup Patch Repair 
To evaluate how much strength the wet-layup bonded patch repair can restore for 
(45)2 layup, the undamaged laminate strength and bonded repair strength are 
compared. In the research, the original strength could not be obtained experimentally 
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because the width of undamaged panel is, 127 mm, larger than the normal grip size, 
50 mm, of test machine. Therefore, the original strength was predicted using Classical 
Lamination Theory instead of testing an undamaged baseline panel. 
 
Therefore, the undamaged laminate strength was calculated using the material 
properties obtained from composite coupon tests. From the Classical Lamination 
Theory (CLT) calculation, the original laminate strength is 14.5 kN. Whereas the 
average repair strength obtained from wet-layup bonded patch repair testing is 13.9 
kN (Table 6.1). Therefore, the repair panel can restore up to 96% of original strength.  
 
6.5. Parametric Studies 
In the section 5.7.1, benchmark FE model was established. The nonlinear solution and 
progressive degradation method studied of the benchmark FE model were employed 
to create new FE models for investigating the effects of patch stacking sequence and 
repair patch stiffness. In the study of patch stacking sequence, maximum von Mises 
stresses in the overlap area (Appendix B) were used to determine the stress 
concentration factors (SCF). As shown in Figure 6.3 (a) & (b), region A and B 
represent the inner and outer edge in the overlap area for prepreg repaired panel, 
while region C indicates the area near the hole edge of prepreg repaired panel for 
repair patch. 
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    (a)        Prepreg damaged panel                            (b) Wet-layup repair patch 
Figure 6.3 Stress concentration regions  
 
6.5.1. Effect of Patch Stacking Sequence  
Since the stress concentration around holes in repaired panel may cause failure 
initiation, the effect of patch stacking sequences is therefore discussed by assessing 
the stress concentration factor (SCF) in region A, B and C as shown in Figure 6.3. 
The SCF is calculated based on the ratio of maximum von Mises stress to the average 
stress. The fringe plots of von Misess stresses are shown in Appendix B for (45)4, (0)4, 
[(0)(45)]s and [(45)(0)]s repaired panel using repair patch in same stacking sequence 
respectively. The SCF for each repaired panel using different repair patch stacking 
sequences are summarised in Table 6.2-6.5. 
 
The comparison of the SCF shown in Table 6.2-6.5 indicates that the stacking 
sequence of repair patch has little influence on the SCF in region B. Moreover, the 
SCF in region C is insignificant as the factor is below 1.0. However, it is found that 
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A). Generally, fibre-dominated repair patch (0)2 alleviates the SCF at hole edge, while 
matrix-dominated (45)2 repair patch increases the SCF.  
 
In Table 6.2, the SCF at the hole edge is reduced from 1.3 to 1.0 for matrix-dominated 
repaired panel using (0)2 repair patch. Conversely, Table 6.3 shows that the SCF at the 
hole edge is increased from 1.6 to 1.9 as (45)2 repair patch is used in fibre-dominated 
repaired panel. This effect is due the fact that more loads are carried by (0)2 repair 
patch which fibres are oriented in load direction. Hence, the SCF at the hole edge is 
reduced because the amount of load that bypass the hole of repaired panel decreases, 
and vice versa.  
 
Table 6.2 Stress concentration factors in (45)4 repaired panel 
Parent (45)4 
Patch (45)2 (0)2 (0)(45) (45)(0) 
Region A 1.3 1.0 1.0 1.1 
Region B 1.0 1.0 0.9 1.0 
Region C 0.4 0.6 0.8 0.8 
 
Table 6.3 Stress concentration factors in (0)4 repaired panel 
Parent (0)4 
Patch (45)2 (0)2 (0)(45) (45)(0) 
Region A 1.9 1.6 1.7 1.7 
Region B 1.1 1.0 1.0 1.0 
Region C 0.3 0.4 0.5 0.5 
 
In addition to the fibre-dominated and matrix-dominated repaired panel (Table 6.1 & 
6.2), the patch stacking sequence has little influence in balanced repaired panel (Table 
6.3 & 6.4) except the stacking sequence of matrix-dominated, (45)2, repair patch. This 
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difference reflects the phenomenon discussed above. For the case in which (45)2 
repair patch is used, the SCF at hole edge (region A) is increased.  
 
Table 6.4 Stress concentration factors in [(0) (45)]s repaired panel 
Parent [(0)(45)]s 
Patch (45)2 (0)2 (0)(45) (45)(0) 
Region A 1.6 1.3 1.4 1.4 
Region B 1.0 1.0 1.0 1.0 
Region C 0.2 0.3 0.4 0.4 
 
Table 6.5 Stress concentration factors in [(45) (0)]s repaired panel 
Parent [(45)(0)]s 
Patch (45)2 (0)2 (0)(45) (45)(0) 
Region A 1.6 1.3 1.4 1.5 
Region B 1.0 1.0 1.0 1.0 
Region C 0.2 0.3 0.4 0.4 
 
6.5.2. Effect of Repair Patch Stiffness  
In the composite repair industry, the stiffness of a repair patch must be equal to or 
greater than the stiffness of original structure to restore the original stiffness. However, 
it is not advisable to have a repair patch that has more than 1.5 times the stiffness of 
original structure. It is also noted that if the stiffness of repair patch is made too high, 
disbond or interlaminar failure may occurs.  
 
It is customary to find that modulus is used to define stiffness but the stiffness 
definition is expressed in a different way for the study of the effect of repair patch 
stiffness. It is because, modulus is a material property but stiffness is a structure 
property. Therefore, the stiffness is redefined as a product of modulus (E) and 
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thickness (t). For instance, Ex×t, Ey×t and Gxy×t are defined in corresponding to 
longitudinal (x), transverse (y) and in-planes (xy) directions. In this study, stiffness 
ratio is used which is a fraction of the repair patch stiffness to the original structure 
stiffness. Four stiffness ratios were selected in the study, for instance, 1.0, 1.2, 1.35, 
1.5 and 2.0. 
 
 
Figure 6.4 Adhesive in overlap area 
 
The transverse shear stresses with different patch stiffness ratio, R, of adhesive in the 
bonded patch repair are summarised in Table 6.6 & 6.7 for the outer and inner area 
respectively as highlighted in Figure 6.4. High transverse shear stresses are found in 
the area where the elements are located in the direction of loading (x axis), for 
instance, element #55 and #61. Both elements exhibit an increasing trend of shear 
stress with increasing stiffness ratio, R. As can be seen in the tables, the transverse 
shear stress increases slightly from R = 1.0 to R = 1.5. However, the amount of shear 
stress is increased greatly when R > 1.5. Additionally, the transverse shear stress in 
Outer Area 
Inner Area 
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outer area of adhesive is significantly higher than inner area. Therefore, such patch 
repair with high stiffness patch (R > 1.5) is susceptible to disbonding due to high 
transverse shear stress at the outer edge of adhesive layer between repair patch and 
damaged panel. 
 
Table 6.6 Adhesive transverse shear stresses in outer region 
  
Shear-XZ Stresses (kPa) 
R = 1.00 R = 1.20 R = 1.35 R = 1.50 R = 2.00 
Elm 61 -312.8 -325.1 -332.4 -337.0 -352.5 
Elm 62 -298.0 -309.8 -316.7 -321.1 -336.1 
Elm 63 -271.7 -282.5 -288.8 -292.8 -306.6 
Elm 64 -238.7 -248.1 -253.6 -257.1 -269.2 
Elm 65 -202.6 -210.5 -215.1 -217.9 -228.1 
Elm 66 -164.9 -171.0 -174.6 -176.9 -184.9 
Elm 97 -127.0 -131.4 -134.1 -135.7 -141.5 
Elm 98 -89.2 -92.0 -93.6 -94.6 -98.2 
Elm 99 -53.0 -54.2 -55.0 -55.4 -57.0 
Elm 100 -20.4 -20.4 -20.3 -20.3 -20.2 
Elm 101 5.2 6.2 6.8 7.2 8.5 
Elm 102 19.9 21.4 22.3 22.9 24.9 
 
Table 6.7 Adhesive transverse shear stresses in inner region 
  
Shear-XZ Stresses (kPa) 
R = 1.00 R = 1.20 R = 1.35 R = 1.50 R = 2.00 
Elm 25 -96.9 -98.8 -99.9 -100.5 -102.9 
Elm 26 -52.9 -54.5 -55.4 -56.0 -58.1 
Elm 27 -13.9 -15.2 -16.0 -16.5 -18.2 
Elm 28 17.2 16.1 15.5 15.1 13.7 
Elm 29 38.6 37.8 37.3 37.0 35.9 
Elm 30 49.5 48.9 48.4 48.2 47.2 
Elm 55 -284.6 -287.6 -289.4 -290.5 -294.2 
Elm 56 -274.1 -277.1 -278.8 -279.9 -283.5 
Elm 57 -253.3 -256.1 -257.8 -258.8 -262.2 
Elm 58 -223.3 -225.8 -227.3 -228.3 -231.5 
Elm 59 -185.4 -187.8 -189.2 -190.0 -192.9 
Elm 60 -142.3 -144.4 -145.6 -146.4 -149.0 
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CHAPTER 7: CONCLUSIONS 
 
To account for actual composite adhesively bonded repair, patch repair was selected 
to study the behaviour of aircraft composite wet-layup bonded repair and improve its 
performance as well as strength. Both experimental tests and numerical study were 
performed in the research. Experimental test results were used to calibrate a 
benchmark finite element model so as to investigate the performance of wet-layup 
patch repair. The effects of patch stacking sequence and repair patch stiffness were 
also studied using the benchmark finite element model. The following outcomes are 
concluded from the above study. 
 
a. Composite wet-layup patch repair is capable of restoring the strength of damaged 
panel. Based on the results, the strength of damaged prepreg panel with (45)4 
layup is restored approximately 96%. This result indicates that wet-layup patch 
repair effectively restores the loss of strength in composite repair. 
 
b. The composite patch repair may have higher strength margin if progressive 
degradation strength is used in the composite patch repair design because the first 
ply failure strength is always used when designing composite structures in 
aerospace composite industry. In the study above, the progressive degradation 
strength obtained indicates 12% higher than first ply failure strength and it 
occurred very close to first ply failure with only 0.3% strain difference. Therefore, 
replacing progressive degradation strength should be considered for higher 
strength margin in salvaging composite damaged part.      
 
Chapter 7: Conclusions 
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c. The stress concentration at hole edge of damaged panel has been found to have 
some dependency upon patch stacking sequence. The parametric studies indicate 
that fibre-dominated repair patch can reduce the stress concentration at hole edge 
but matrix-dominated repair patch may increases the stress concentration because 
the fibres are not aligned with principal load axes. Since high stress concentration 
at hole edge may accelerate the damage initiation, 0
o
 plies should be used when 
adding extra repair plies to increase the capability of load carrying. 
 
d. Disbond or interlaminar failure is likely to occur in composite patch repair in the 
case of using higher stiffness repair patch. It is found that when the stiffness of 
repair patch more than 1.5 times the stiffness of damaged panel, disbonding may 
take place at the outer edge of adhesive between the patch and damaged panel due 
to high transverse shear stress. Therefore, the stiffness of repair patch should not 
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CHAPTER 8: RECOMMENDATIONS 
 
The quality of composite patch repair can be improved and optimised by taking 
consideration ultimate strength, repair patch stacking sequence and stiffness, etc. The 
following recommendations are suggested to ensure and optimise the quality of 
composite patch repair. 
 
a. Under ultimate load condition, using ultimate strength instead of first ply failure 
strength is recommended in composite repair design. 
 
b. Maintain same plies orientation and stacking sequence of damaged panel in 
constructing repair plies. 
 
c. When adding extra plies overlapping the outer repair patch, 0o plies should be 
used in order to increase load carrying capability. 
 
d. The stiffness of a repair patch must at least equal to the stiffness of damaged panel 
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APPENDIX A: TEST FIXTURE DESIGN 
        
(a)  Test setup                       (b) Adapter                    (c) Grip 
Figure A.1 Test fixture assembly 
 
Generally, the grip of testing machine has 25-50 mm width. This grip size is not able 
to clamp the repaired panel which is 127 mm width. As a result, customised test 
fixtures (Figure A.1 (a)) are needed for the repair panels testing. The test fixture uses 
a mechanical bolt joint (Figure A.1 (b) & (c)) in the grip for clamping the test panels. 
Although this approach can prevent the panels slipping out from the grip, joint failure 
may take place if the bolt connection is not designed properly. The test fixture design 
was therefore substantiated with lug analysis (Section A.2). 
 
A.1. Machine Load Prediction 
The maximum machine load is equal to the failure load of composite laminate. Since 
the fabrication of test fixture was carried out in advance of composite coupon tests, 
the composite material properties supplied by Cytec Engineered Materials were used
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in the calculation. However, the supplier’s material data is incomplete. Shear modulus 
and Poisson’s ratio are not provided. As a result, these missing material properties 
were assumed in the prediction. 
 
HMF 997/ HS AS4 3k 280 (Carbon Fibre Epoxy Prepreg) 
E11t = E22t = 896 MPa (130 Msi) 
E11c = E22c = 896 MPa (130 Msi) 
G12 = 1655 Pa (240 ksi)  
V12 = 0.5  
 
In order to determine the maximum machine load, the maximum strength of 
composite laminate was calculated. In Table 4.3, (0)4 laminate has most of the fibre 
oriented in load direction, therefore the maximum strength of (0)4 laminate was 
assumed as maximum machine load. The laminate stiffness matrix A, D and B were 
calculated using Classical Lamination Theory (CLT). Matrix A is the membrane 
stiffness, matrix D is the bending stiffness and matrix B is responsible for the 
coupling between membrane and bending behaviour. Since (0)4 laminate is a cross ply 














81111 4056 0 
4056 81111 0 
0 0 1765 
B-Matrix 
0 0 0 
0 0 0 
0 0 0 
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From the Cycom 997 specification, the ply tensile strain allowable, ε11, is 0.0118 mm/ 
mm. To be conservative in the calculation, the tensile strain allowable was multiplied 
with a safety factor of 1.10. Therefore, new strain allowable is 0.013 mm/ mm. The 
maximum strength of laminate, 1068 N/ mm (6100 lb/ in), was then obtained using 
the stiffness matrices and new allowable above. This maximum strength of laminate is 
also the maximum machine load. Since the width of specimen is 127 mm, the 
machine load is calculated as: 
 
Machine load = 1068 x 127  
           = 135.6 kN 
 
A.2. Lug Analysis 
As discussed above, the repaired panel is bolted by a pair of grips (Figure A.1). The 
other end of the grips is connected to an adapter (Figure A.1 (b)) with a 25.4 mm (1.0 
in) diameter pin. The connection between an adapter and two grips is a double shear 
joint. The critical load used in the lug analysis is the maximum machine load which is 
calculated in Section A.1. Since it is a test fixture design in place of typical 
mechanical joint connection, a high safety factor, 3.0, is applied in the lug analysis to 
prevent damage to the test fixture before the test panel failure.  
 
8E-3 3E-4 0 
3E-4 8E-3 0 
0 0 1E-4 
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Figure A.2 Lug & grips 
 
The design load used in lug analysis is calculated as below: 
 
Design Load, P = 3.0 x Machine load             ; Machine load = 135.6 kN 
  = 407 kN  (91.5 Kips) 
 
High strength materials such as AISI 4340 and AISI 4130 were used in fabricating the 
test fixtures. Meanwhile, the 25.4 mm diameter pin used to connect adapter and grips 
was NAS6616-27 bolt. The NAS bolt has higher shear strength and bending strength 
(Table D1.1 [56]) at 655 N/mm2 (95 ksi) and 1240 N/mm2 (180 ksi) respectively, to 
withstand high machine load.  
 
Table A.1 Test fixture material properties 
Material AISI 4340 AISI 4130 Al 6061-T651 
Tensile Strength,  MPa 957 655 290 
Yield Strength,  MPa 758 517 240 
Young’s Modulus, GPa 200 200 68 
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A.2.1. Adapter Lug Analysis 
 
 
Figure A.3 Lug & clevis geometry [57] 
 





  a/ D = 1.5  W/ D = 2.44  D/ t2 = 1.95 
 
Projected bearing area, Abr = D x t2 




Pin area, Apin = 0.25 x π x D
2
pin 




Minimum net section for tension, At = (W - D) x t2 
                 = 475.7 mm
2
 
D = 25.4 mm  a = 38 mm  t1 = 8.89 mm 
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Shear-bearing failure 
The ultimate load for shear-bearing failure, Pbru, due to the pin bearing on lug is given 
by [57]: 
 
Pbru = kbr x Ftu x Abr 
 





where shear-bearing efficiency factor, kbr  = 1.45 is obtained from the chart [56], 
while Ftu is ultimate tensile stress of lug material.  
 
Tensile failure 
The ultimate load for tensile failure, Ptu, is given by [57]: 
Ptu = Kt x Ftu x At 
= 427.9 kN 
  
where net tension efficiency factor, Kt  = 0.94 is obtained from the chart [57]. 
 
 Yield load-Lug 
The lug yield load attributable to shear-bearing, Py, is given by [57]: 
Py = C x ( Fty / Ftu ) x Pu,min 
= 373 kN 
  
where yield factor, C = 1, is obtained from the chart [57], while Fty is tensile yield stress of 
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Pin bending failure 
The pin bending can cause lug failure as the stress distribution acting on the inner side 
of the lug tends to peak. The moment arm is given by [57]: 
h = 0.5 t1+ 0.25t2 
= 7.70 mm 
  
The pin bending moment is computed: 
M = 0.5 x P x h 
= 1566 kN-mm 
  
where P = 407 kN, is the design load. 
 
The pin bending stress is calculated: 
fb = Mr / I 




where r = 12.7 mm, is the pin radius, while I = 20431.7 mm
4 
, is the pin moment of 
inertia.  
 
Lug Margins of Safety  
To insure the safety of lug, the ratio of the strength of the structure to the design load 
is calculated. This ratio is also called the margin of safety, M.S. The ultimate load 
calculated above is ultimate strength in the M.S. calculation as below: 
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Therefore,  
Ultimate Shear Bearing Failure   Ultimate Tensile Failure 
M.S. = 
    
 
 – 1      M.S. = 
   
 
 – 1  
         = 
     
   
 – 1 = +0.13                  = 
     
   
 – 1 = +0.05  
 
In the M.S. calculations above, the design load is under ultimate load condition 
because ultimate strength is compared. However, in the yield failure margin of safety, 
yield failure load is not ultimate strength but yield strength. Therefore, limit load 
condition is used. Since limit load is 1.5 times of ultimate load, the design load used 





     
 – 1     
         = 
   
       
 – 1 = +0.37  
 
Pin Margins of Safety  
The pin margins of safety are calculated for the ultimate bending and shear failure. 
Pin bending strength, Fb = 1240 N/ mm is obtained from handbook [57].  
 




 – 1        
Appendix A: Test Fixture Design 
 
 
A Study of Composite Wet-Layup Bonded Repair Behaviour for Aircraft                           112 
         = 
    
   
 – 1 = +0.27       
 
On the other hand, the pin shear allowable load, Psu,pin = 332 kN is obtained from NAS 
bolt specification. In the ultimate shear failure calculation, pin shear allowable load is 
multiplied by two for double lap shear loading. 
 
Ultimate Shear Failure 
M.S. = 
        
 
 – 1 
         = 
   
   
 – 1 = +0.63 
 
A.2.2. Grip Lug Analysis 
Similar calculation steps are repeated to analyse the grip lug with double shear 
loading condition. Therefore, the grip load is equal to half of the design load, P. 
 
Grip load, Pgrip = 0.5 x P   = 0.5 x 407 
  = 203 kN 
The margin of safety for grip lug analysis is summarised in Table A.2. 
 
Table A.2 Test fixture material properties 
Types of Failure Margin of Safety 
Ultimate shear bearing  0.09 
Ultimate tensile  1.27 
Yield 0.32 
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A.2.3. Grip Joint Design 
 
Figure A.4 Minimum fastener spacing and edge distance [45] 
 
The fastener spacing of the grips was designed in accordance with the industry 
practice. The minimum fastener spacing is 5d, while minimum row spacing is 4d and 
minimum edge distance is 3d (Figure A.4). The fastener used in the testing is 
NAS6625-20 which has 7.91 mm diameter. To calculate the number of fastener in a 
row, 5d fastener spacing and 3d edge distance were used. The total spacing of 
fasteners must equal or less than the width of the panel, 127 mm (Figure 4.2) as 
below: 
Edge distance + Fastener spacing + Edge distance ≤ 127 mm 
 
Three fasteners in a row are selected for calculating the maximum length: 
3d + 5d + 5d + 3d = 16 × 7.91 = 126.7 mm   (< 127 mm) 
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Therefore, three fasteners in a row were applied. To avoid shear lag effects, only two 
rows of fasteners were used to eliminate the minimum transfer load at middle rows. 
As a result, total six NAS6625-20 fasteners were used in the grip joint connection.  
 
Although these fasteners can offer up to 655 N/mm
2
 (95 ksi) shear strength, the 
critical factor of the grip joint design is the laminate bearing strength as six fasteners 
hole were drilled on the laminate for the grip joint connection. Therefore, two 
aluminium metal tabs (Al 6061-T651) were bonded to the ends of test panels to 
reinforce the fastener holes. The load transferred into the laminate will be shared by 
the two metal tabs.   
 
Bolt Joint Calculations  
Since the grip joint is double shear joint (Figure A.3), the machine load is divided by 
two. A fitting factor of 1.15 [57] is used in the joint analysis because the joint (fitting) 
is not proven by limit and ultimate load test. Fitting factor is also regarded as factor of 




Machine load  = 135.6 kN 
   Grip joint load, Pjoint  = 1.15 × 135.6 
 
; Fitting factor = 1.15 
 
= 155.9 kN 
   Fastener diameter, d  = 7.91 mm 
   Fastener area, Afast  =  0.25 x π x d
2
 
          = 49.1 mm
2
 
   
Appendix A: Test Fixture Design 
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Fastener strength, Pfast  = 655 x 49.1  
  
 
= 32.2 kN 
    
M.S. = 
       
       ⁄
 – 1            ; Number of fastener, N = 6 
         = 
      
      ⁄
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APPENDIX B: TECHNICAL DRAWINGS 
 
Figure B.1 Technical drawing for adapter
Appendix B: Technical Drawings 
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Figure B.2 Technical drawing for grip 
 
Appendix B: Technical Drawings 
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Figure B.3 Technical drawing for metal tab (6.1 mm) 
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Figure B.4 Technical drawing for metal tab (5.7 mm) 
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Figure B.5 Technical drawing for test panel assembly (two plies) 
 
 
Appendix B: Technical Drawings 
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Figure B.6 Technical drawing for test panel assembly (four plies)
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APPENDIX C: F.E.M. STRESS RESULTS 
 
Figure C.1 Stress concentration at inner edge of prepreg damaged panel for (45)4  
     layup 
 
 
Figure C.2 Stress concentration at outer edge of prepreg damaged panel for (45)4  
     layup
Appendix C: F.E.M. Stress Results 
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Figure C.3 Stress concentration at outer edge of repair patch for (45)4 layup 
 
 
Figure C.4 Von Mises stress of prepreg damaged panel for (45)4 layup 
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A Study of Composite Wet-Layup Bonded Repair Behaviour for Aircraft                           124 
 
Figure C.5 Stress concentration at inner edge of prepreg damaged panel for (0)4  
      layup 
 
 
Figure C.6 Stress concentration at outer edge of prepreg damaged panel for (0)4  
      layup 
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Figure C.7 Stress concentration at outer edge of repair patch for (0)4 layup 
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Figure C.9 Stress concentration at inner edge of prepreg damaged panel for  
         [(45),(0)]s layup 
 
 
Figure C.10 Stress concentration at outer edge of prepreg damaged panel for  
         [(45),(0)]s layup 
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Figure C.11 Stress concentration at outer edge of repair patch for [(45),(0)]s layup 
 
 
Figure C.12 Von Mises stress of prepreg damaged panel for [(45),(0)]s layup 
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Figure C.13 Stress concentration at inner edge of prepreg damaged panel for  
         [(0),(45)]s layup 
 
 
Figure C.14 Stress concentration at outer edge of prepreg damaged panel for  
         [(0),(45)]s layup 
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Figure C.15 Stress concentration at outer edge of repair patch for [(0),(45)]s layup 
 
 
Figure C.16 Von Mises stress of prepreg damaged panel for [(0),(45)]s layup 
 
